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Abstract
1.8 kW/250 mN-class hydrazine DC arcjet thruster systems onboard Data Relay Test Satellite (DRTS)
were launched into the transfer orbit by the H-IIA rocket on September 10, 2002, and the initial checkout is
being carried out. Mu Space Engineering Spacecraft-C (MUSES-C) with microwave discharge ion thrusters
will be launched in May 2003. Kaufman type ion engine systems onboard Engineering Test Satellite VIII
(ETS-VIII) will be also launched in 2004. Pulsed plasma thrusters for 50 kg-class µ -LabSat II, 1 kW-class
Hall thrusters, 35-cm-diam. ring-cusped DC and 20-cm-diam. microwave-discharge ion thrusters, and newlydesigned 30 W-class microwave engines are being developed by universities and institutes in collaboration
with companies. Basic researches of many kinds of electric thrusters are also being carried out in lots of
academic places aiming at applications to future missions and at understanding of physics of electric
propulsion and the related phenomena. This paper reports the recent activities of the electric propulsion in
Japan.

1. Space Missions
1.1 DC Arcjet Thrusters on Data Relay Test Satellite (DRTS)
Data Relay Test Satellite (DRTS) is a 1 ton-class 3-axis stabilized geostationary satellite, which was
launched into the transfer orbit by the H-IIA rocket on September 10, 2002 and was maneuvered into the
geostationary orbit by an AKE (apogee kick engine), 20 N thrusters and 1 N thrusters. After the initial
checkout of DRTS, National Space Development Agency of Japan (NASDA) will conduct data relay
network experiments by DRTS between low earth orbit (LEO) spacecraft and ground stations. Major
characteristics are shown in Table 1, and on-orbit configuration is shown in Fig. 1.
Dual mode Unified Propulsion Subsystem (UPS) of DRTS consists of an AKE, 20 N thrusters, 1 N
Table 1 Major characteristic s of the DRTS.
Dimensions

Mass

Mission life
Propulsion
Sub-system
Electrical
Power

Main body : 2.2×2.4×2.2m
Solar array paddle : 2.4×7.3m
2800kg (at launch)
Approx. 1500kg
(at the beginning of mission life)
Approx. 1300kg (Dry)
7 years
Fuel: N2 H4 , Oxidizer: MON3
500N bi-propellant AKE (1ea)
20N mono-propellant thruster(4ea×2)
1N mono-propellant thruster(8ea×2)
DC arcjet thruster(2ea×2)
More than 2100W
(at summer solstice after 7 years )
50AH NiH 2 battery
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Fig.1 On-orbit configuration.

Table 2 Major characteristic s of DC arcjet system.
Thruster
Thrust
Specific impulse
Total impulse
Propellant
Feed pressure

MR-509A/509B
0.24N/0.28N @1.72 MPa
502s/466s [average]
600,000/690,000 Ns
N2 H4
(High purity grade, low iron)
1.41-1.76 [MPa]

PPU
Input voltage
Input power
Starts
Lifetime

PPU-1086
31~ 51.5 V
1886 W [max]
1170 cycles
950 hour

Mass

30.7 kg [nominal]

thrusters and DC arcjet thrusters. 1.8 kW DC arcjet thrusters MR-509A/509B made by Aerojet, USA are
used for north-south station keeping. The thrusters consume only 123 kg N2 H4 during a 7-year mission
because of their higher specific impulse. The DC arcjet system consists of thrusters, power-processing units
(PPUs) and power cables. Hydrazine N2 H4 is fed from a pressurized fuel tank to all thrusters. Electric power
is supplied from NiH 2 battery.
The DC arcjet thrusters are installed at north-east and north-west of DRTS. A pair of the thrusters fires
simultaneously for north-south station keeping. A pair of DC arcjet thrusters works for 25 min, 4 times a
week. It was verified that the thrusters generated a predicted level thrust. Major characteristic s of the DC
arcjet system is shown in Table 2.
1.2 Ion Thrusters on Engineering Test Satellite VIII (ETS-VIII)
NASDA’s Engineering Test Satellite VIII (ETS-VIII) is an advanced satellite being developed primarily
to establish and verify bus technology for the 3 ton-class geostationary satellite. This class’s satellite is
necessary for space missions at the 21st century. The ETS-VIII, as illustrated in Fig.2, will conduct orbital
experiments on the large-scale deployable reflector, which is widely applicable to large-scale space
structures, the high-power transponder and the on-board processor. These are all required to realize mobileGEO-satellite communications with hand-held terminals, similar to popular cellular phones. Furthermore,
the ETS-VIII will carry a highly precise clock system for satellite positioning experiments.
The ETS-VIII is the third satellite to be equipped with an ion engine system (IES) for north-south station
keeping (NSSK) on NASDA. The two previous satellites with NSSK IES were ETS-VI (launched in 1994)
and the Communications and Broadcasting Engineering Test Satellite (COMETS, launched in 1998).

Fig.2 ETS-VIII on orbit.

Fig.3 ETS-VIII ion thruster for lifetime test.
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However, both satellites failed to reach a chamber.
geostationary orbit because of a malfunctioning
apogee kick engine and/or launch vehicle failure.
Therefore, both ion engine systems were operated as
an experiment.
The development of the ETS VIII IES, as shown
in Fig.3, is based on the ETS VI IES. The major
alteration is the operation method. The ETS-VI had
paired thrusters, one each installed on the east and
west structure panels. As these thrusters were
operated simultaneously, the precise balancing of
thrusts was required. In ETS-VIII NSSK, only one
thruster on the anti-earth panel will be operated, and
no precise thrusting control is required. This also
improves the reliability and reduces the cost.
The ETS-VIII satellite bus is designed to weigh 3
tons and has a 10 years’ life. To meet these
requirements, the life of the ion thruster is extended
(a) Boosting phase before Earth swing-by
from 6,500 hours to 16,000 hours. An endurance test
has been conducted. Also, some changes are made
to the propellant managing unit, and gimbaling
mechanisms are adopted to reduce a thrusting
misalignment. Overall tests of the ion propulsion
system including thrusters, power processing units,
the controller and propellant management units will
be started to verify the interface among those
components.
The ETS-VIII will be launched by the H-IIA
launch vehicle from NASDA’s Tanegashima Space
Center in 2004.
1.3 Microwave Discharge Ion Thrusters on Mu
Space Engineering Spacecraft-C (MUSES-C)
Institute of Space and Astronautical Science
(ISAS) has developed a microwave Electron
Cyclotron Resonance (ECR) discharge Ion Engine
System (IES) in cooperation with NEC/Toshiba
Space Systems, Ltd. and Mitsubishi Heavy
Industries, Ltd.[1],[2], which generates plasma by
introducing

(b) Transfer orbit after Earth swing-by

(c) Return orbit to Earth
Fig.5
Round-trip
orbit (open circle : coasting; solid
Fig.4 Operation of the ECR ion engine in a vacuum
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circle : IES thrusting).
microwave into a discharge chamber with permanent
magnets to take advantage of electrode-less plasma
production. As a remarkable feature of this design, a
single microwave source feeds power a neutralizer
having a small microwave antenna as well as the ion
source. Another remarkable feature of this thruster
is the three-grid electrostatic optics 10.5 cm in the
effective diameter made of the carbon-carbon
composite material. Figure 4 represents the IES
exhausting a plasma beam. The new ion engine
system will be launched by the M-V vehicle in May
2003 as the main propulsion onboard an asteroid
sample return mission Mu Space Engineering
Spacecraft-C (MUSES-C) in deep space. The IES
propels the spacecraft in the round trip between
Earth and the asteroid 1998SF36 during 4 years. The
launch date was slipped to May 2003 due to
malfunctions of onboard components though the
target asteroid and the arrival date are the same. At
first the MUSES-C spacecraft will be launched in
May 2003 and input into an Earth synchronous orbit ,
where it will be accelerated by IES. The Earth
swing-by will input the spacecraft on the transfer
orbit to the asteroid in May 2004. It will arrive at the
target in October 2005 and will stay during longer
than 2 months for scientific observations and
material sampling. It will depart in December 2005
and finally come back to Earth in July 2007. For
more than 91 % period of the round-trip the IES is
operated between 3 engines at 105 % throttling and 1
engine at 80 % throttling depending on the available
electric power to accelerate the spacecraft. The
transfer and return orbits are depicted in Fig.5. The
ion thruster is planned to use 61.9 kg Xe propellant,
and the MUSES-C spacecraft has a 73 kg capacity
tank.
The IES will carry out a mission ? V of about 3.7
km/s. There are four Ion Thrusters (ITR)

Fig.7 Outline profile of the MUSES-C spacecraft.

Table 3 IES Specification at MOL (Mean of Life).
=====================================
Thrusters 4 units including 1 stand-by redundancy
(3 units simultaneous operation max.)
System Thrust
5.2 – 23.6 mN
System Power
310 – 1,158 W
Specific Impulse
2,687 – 3,011 sec
Throttling
80, 85, 90, 95, 100, 105%
Ion Production Cost 250 eV
Propellant Util. Eff. > 84%
Lifetime
> 16,000 hours
Xe loading
< 73 kg
Dry weight
61.80 kg
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Fig.8 MUSES-C mechanical integration checkout.
consisting of Ion Thruster Head (ITH) with a Neutralizer (NEUT). At the maximum thrust level, three of
them are simultaneously operated at 105 % power rating, and at the lowest thrust level only one ITR is
operated at 80 % throttled power. The endurance requirement in this mission is 16,000 hours per each ITR,
including a stand-by redundancy as one of four ITRs. The prototype model of ITR has been used in the
endurance test since April 2000 and will achieve 18,000 hours in the accumulated operational time on
October 2002. Figure 6 represents the changes of the accumulated operational time and the beam current
depending on the calendar day. Though the endurance test was voluntarily interrupted several times for the
tests on the flight models, the prototype model can exhaust the beam current larger than the interface value.
The MUSES-C spacecraft will employ a 3-axis stabilized attitude control, optical navigation/guidance and
automated/autonomous flight operation. The wet weight with propellant is 512.51 kg, and the dry weight is
383.61 kg. Figure 7 shows the flight configuration with the solar array paddle deployed in Y direction to
generate 2,575 W at 1.0 AU (astronomical unit). The IES is mounted on an IES plate, which has a gimbal
mechanism. Table 3 summarizes the specification of IES onboard MUSES-C. From April until June of
2001, the flight model (FM) was devoted in the interface checkout to confirm the proper interface between
the bus system and the subsystems including IES. After some corrective actions, the FM integration &
system tests began in December 2001 and will be completed by September 2002. The spacecraft integration
is
now
underway
as
shown
in
Fig.8
in
time
for
the
launch.

2. Flight Model Development
2.1 Pulsed Plasma Thrusters on µ -LabSat II
Tokyo Metropolitan Institute of Technology (TMIT) has started the Pulsed Plasma Thrusters’ (PPT) R&D
as the joint research with NASDA[3]. Its R&D for the application to NASDA’s µ -LabSat II (50 kg class)
as the experimental equipment in order to evaluate the feasibility of attitude control, de-orbit maneuver and
formation flight has been conducted. The PPT features its size and weight, desirable for the small satellite.
After the series of the BBM phase tests including performance evaluation, successive half-million shots test
with BBM power processing unit and capacitor bank, and subsystem internal/external interface matching
estimation, its R&D status is now in Engineering Model phase. Each component of PPT EM was
manufactured, and those were assembled into TMIT-PPT Subsystem EM as shown in Fig.9.
2.1.1 PPT Subsystem Design for µ -LabSat II[4],[5]
TMIT PPT subsystem block diagram including power processing unit (PPU), capacitor bank (CAP
BANK) and thruster head is shown in Fig.10. As shown in this figure, one TMIT PPT unit is composed of
one PPU (including one capacitor charge power supply and one ignition power supply), one capacitor bank,
and two Thruster Head A/B (including electrodes, ignitor, propellant, hood and propellant feed mechanism,
respectively). As both electrodes in Thruster Head A and B are connected to the same capacitor bank, they
have the same electrical potential at the same time as the capacitor bank is charged. Operating thruster head
is to be selected by the ignition command which delivers the high voltage ignition discharge to the cathode.

Thruster (THR)
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Fig.9 TMIT-PPT EM assembly.

Fig.10 TMIT-PPT subsystem block diagram.
Table 4 Performance of the TMIT PPT.
Performance
TMIT - PPT
Thrusters / PPT Package
2 EA
Capacitance
3?? F
Energy (per pulse)
3.26 J (Nominal)
Power Consumption (0.75 Hz)
4.2 W (Nominal)
Impulse Bit
29.4 ? N-s
Total Impulse(Scheduled)
170 N-s
Mass Shot
2.6 ? g/pulse
Specific Impulse
1127 s
Specific Thrust
7.0 ? N-s/W
Lifetime
> 0.5 million pulses*
Dimensions
W173, D110, H120 mm**
Propellant Mass per Thruster
8g
Total Mass
~ 1.5 kg
* achieved in BBM
** achieved in EM

2.1.2 PPT Performance
The performance and its achieved values in BBM
and EM phases are summarized in Table 4. As
shown in this table, capacitance of the capacitor bank
was increased to obtain the uniform propellant
vaporization and steady propellant feed. And its
specific impulse was improved to over 1,000 s.
2.1.3 TMIT PPT Components and its design[6],[7]
Evaluations of the BBM and EM PPT
system/components performance, its durability,
plume diagnostics and the detailed design of the EM
PPT system/components are to be presented in this
conference[8],[9].

2.2 Low Power Hall Thruster
A joint development of low power Hall thrusters
between Osaka University and Ishikawajima-Harima
Heavy Industries Co., Ltd. (IHI) is being carried out.
A Hall thruster, as shown in Fig.11, was designed
with the basis of research data of Osaka-University
THT-series Hall thrusters[10]-[12]. The thruster has
some heat shields for protection of heats from hightemperature channel walls to the main body and a
gas manifold for the azimuthally-uniform propellant
injection. Furthermore, both electrical power and
propellant gas are introduced from the cylindrical
side of the thruster body. Accordingly, long stable
operations can be achieved so as to examine the
engineering model design.
(a) Setup in vacuum chamber

(b) Discharge view
Fig.11 Cross-sectional view of the low power Hall
thruster.

Fig.12 Operation of the Hall thruster.
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Several kinds of experiment are being conducted Temperature(K)
500
530
560
590
620
650
680
710
in Osaka University. An experimental facility
mainly consists of a water-cooled stainless steel
vacuum tank 1.2 m in diameter x 2.25 m long, two
compound turbo molecular pumps, several DC
power supplies and a thrust measurement system.
The vacuum chamber pressure is kept the order of
6 05
10-3 Pa under thruster operations. A clean and high
vacuum environment can be created by using the oilfree turbo molecular pump system, which is useful to
6 80
evaluate contamination due to Hall thruster plumes.
710
Thrust is measured by a pendulum method. A Hall
thruster is mounted on a thrust stand suspended with
a stainless bar, and the position of the thrust stand is
detected by an eddy-current-type gap sensor (non51 5
contacting micro-displacement meter). It has high
sensitivity and good linearity. Thrust calibration is
conducted with a weight and pulley arrangement Fig.13 Calculated temperature distribution inside the
thruster.
which is able to apply a known force to the thrust Hall
stand in vacuum environment.
The magnetic field in the acceleration channel could be changed by varying inner and outer coil currents.
Because the operational characteristics were sensitive to the magnetic field, an optimum magnetic field
condition was determined from discharge stability, thruster performance and plume feature. The Hall
thruster, as shown in Fig.12, was operated at discharge voltages of 200-400 V with mass flow rates of 1.5-3
mg/s in a low electric power range of 300-1300 W[13],[14]. The thrust and the specific impulse ranged from
15 to 70 mN and from 1,100 to 2,300 sec, respectively. The thrust efficiency reached 55 %. Hence, a large
map of the thruster performance was successfully made.
Temperature distributions of the thruster body were measured with lots of thermocouples in order to
examine the thermal characteristics. Unsteady thermal analysis was also carried out. The temperatures
measured with a input power of 700 W rapidly increased just after the discharge ignition and approached
some values around 550 K after about 50 min. Thermally safe conditions were achieved with all input
powers. The experimental results roughly agreed with the calculated ones as shown in Fig.13. With both the
thermal characteristics and the thruster performance, a new thruster model is under design. Certification
tests of the operational characteristics and plume diagnostic measurements are also being performed in a
large vacuum chamber 2 m in diameter x 3 m long with 10 -3-10-4 Pa under thruster operations at an IHI
laboratory.
2.3 35-cm-diam. Ion Thruster
2.3.1 R&D by National Aerospace Laboratory (NAL)/NASDA/NEC Toshiba Space Systems
Research and development have been conducted to establish basic xenon ion thruster technology for
future applications. The performance target is a thrust of 150 mN, a specific impulse of 3,500 s, and an ion
production cost less than 140 W/A at 90 % propellant utilization. Though earlier models used a two-grid
system of 30 cm diameter, currently a three-grid system of 35 cm diameter, as shown in Fig.14, is used. The
research and development gave the thruster performance equal to or better than the target, with the ion
production
cost
as
low
as
104
W/A[15].
An endurance test targeting 5,000-hour thrusting has been conducted to seek the erosion aspects of parts,
particularly of the grids[16]. The thrusting time reached 4,994 hours in total, and the test was terminated
although the thruster was still in a working condition. After the thruster was dissembled for inspection, the
masses of the grids were measured to evaluate the grid erosion rate. Erosion and cracks were found in some
parts of the thruster, indicating the necessity of the further design improvement of these parts in order to meet
lifetime target of 30,000 hours.
A wear test has been conducted on a main hollow cathode which has the same design as that in the 150
mN thruster[17]. The objective of the test was to investigate the wear aspect of the cathode, particularly of
the orifice plate. The cathode was operated for 5,292 hours in total, without being installed in the thruster.
The operating conditions were chosen so that the test could simulate the cathode operation as being operated
in the thruster. However, it was found difficult to do this completely, and some differences remained. Figure
7

15 shows a photograph of the cathode orifice plate after the test.
The operation was segmented into 23 runs, and
each continued for approximately 230 hours. After
each run, the surface profile of the orifice plate was
measured using a surface recorder, and wear rates of
the orifice plate were obtained as a function of the
accumulated operation time. Results showed that the
wear rate in this test was larger than that obtained in
the thruster endurance test described above. In the
thruster endurance test, it took 2,500 hours before the
orifice plate was worn out by 0.1 mm. On the basis
of this result, the wear rate as a function of time in
the wear test was changed to a function of wear
depth. This indicated that the wear rate of the orifice
plate surface was approximately 0.08 µ m/h before
the wear depth reached 0.1 mm and was less than
0.03 µ m/h after that. It was estimated from these
wear rate data that it would take 60,000 hours before
the orifice plate of 1 mm in thickness would be
completely worn out in the thruster.
2.3.2 Three-Dimensional Beamlet Calculation by
NAL
A three-dimensional Particle-In-Cell code for ion
optics calculation has been developed to simulate the
formation of the ion beamlets possessing noncircular section. This simulation code features a
rectangular solid calculation domain and selfconsistent ion sheath definition. The calculation
results showed that the ion beamlet possessed
hexagonal shaped section at low perveance
conditions. Figure 16 shows a typical example of the
calculated beamlet cross section. The obtained trend
agreed well with the hexagonal shaped grid erosion
observed at the peripheral region of accelerator and
decelerator grids in former experiments. In addition,
the numerical simulation of ion beam deflection
phenomena by grid translation has also been
performed using the developed code. The influences
of aperture shape (circular or slit), grid displacement
direction and perveance condition on beam
deflection capability were investigated. Results
illustrated the three-dimensional behavior of
deflected ion beamlets by grid translation[18].

Fig.14 35-cm xenon ion thruster BBM-2.

Fig.15 Cathode orifice plate after the test.

Fig.16 Calculated ion beamlet cross section. (1.0
mm downstream from accelerator grid, NP/H = 8.8 x
10-11 A/V1.5 ).
2.4 20-cm-diam. Microwave Discharge Ion Thruster µ 20
The ISAS has been developing an IES for the MUSES-C asteroid sample return mission, which employs
four µ 10 (myu-ten) ion thrusters[1]. The main feature of the µ 10 IES is the electrodeless microwave
discharge in not only the ion source but also the neutralizer applying the electron cyclotron resonance (ECR)
with 4 GHz, so that it is expected essentially long life and high reliability in space use and easy handling on
ground. In parallel to the successful flight model development and integration to the spacecraft, there are a
8

number of future missions employing the technology, such as sample return from

Fig.17 Carbon/Carbon composite grid assemblies Fig.18 Plasma discharge with ion collection
of the µ 10 thruster (left) and the µ 20 thruster (right). by a punching metal.

Fig.19 Ion currents generated using the µ 20-IV Fig.20 Two types for the microwave launching.
discharge chamber and collected by a punching metal,
as a function of net microwave power compared with
the results of the µ 20-III.
several asteroids by only one deep space probe, formation flight of several satellites for space telescope
missions, Jupiter probe, escape from the ecliptic plane after Jupiter swing-by, and so on, all of which are
presently undergoing active discussion and scrutiny by Japanese space scientists and engineers. In order to
implement these challenging missions by using the relatively small launchers available in Japan, electric
propulsion systems that are more powerful than the MUSES-C/IES µ 10 may sometimes be required. The
new 20-cm ion thruster µ 20 will have four times larger beam area than that of the µ 10, will generate four
times larger thrust, and will do so more efficiently[19],[20]. The microwave frequency is identical to that of
the µ 10’s, after considering that the performance of a microwave generator is strongly frequencydependent, and it is difficult and time consuming to investigate and tune thruster performance at various
different frequencies. Ion optics will involve the usage of a carbon-based 3-grid system with a higher elastic
modulus than the µ 10’s. The first ion optics was fabricated for the µ 20 as seen in Fig.17 with grid
thickness of 1.0 mm[21],[22]. The key design of the ion source is associated on the arrangement of
permanent magnet and the microwave launcher. Uniform and stable plasma production in the larger
discharge chamber needs a special design of the magnetic truck. A picture of the plasma luminosity is shown
in Fig.18. This configuration has a center ring part around the waveguide exit and two crescent shape parts
outside. An ion current of 480 mA, as shown in Fig.19, was observed at a net microwave power of 100 W.
The reflected power was lower than 5 % of the forwarding power. Original laboratory models of the µ 10
employed a waveguide-base microwave transmission system, as is typical in ground applications of ECR
plasma sources. Since building the entire microwave circuit using waveguides is impossible due to the
weight penalty it imposes, a microwave amplifier output is connected to the ion source via coaxial cables in
case of space applications. Although this microwave launcher is sufficiently optimized and its optimization
process is well established, its overall length being too long and its relatively large weight recommend
switching to a better microwave launching method: that is a microwave excitation probe
9

50

P? =15W

100

100

Stress, MPa

CC2000
40
0.5

80

80

60

Elastic
Modulus
Stress

40

35

0.6

0.8

1.0
1.2

60
40

20

20

Tensile Elastic Modulus, GPa

Contact Voltage, V

45

1.4sccm
0

30
0

100

200

300

400

500

600

200

400

600

800

1000

1200

1400

Strain,µe

Emission Current, mA

Fig.21 Voltage current characteristic of the
microwave discharge neutralizer.

0
0

700

Fig.22 Young’s modulus vs strain of CC2000.

(or antenna). After modifying the probe, we attained good performance, reaching values very close to the
best ones obtained with the waveguide type µ 20-III. The performance comparison between µ 20-III and
µ 20-IV with a triple-stub tuner is shown in Fig.20. The maximum ion current reached 470 mA at a net
microwave power of 120 W.
The enlargement of microwave discharge neutralizer is now planned with the scale-up from the µ 10 to
the µ 20. The target performance of this neutralizer is 500 mA extracted current with 40 V applied voltage.
By optimizing the nozzle configuration the contact voltage was reduced under 40 V at 500 mA electron
emission with 1.0 sccm mass flow rate and 15 W microwave power. Figure 21 represents the voltage current
characteristic of the microwave discharge neutralizer. Several 100 hours endurance tests were performed,
and weight loss on component parts were measured so that durability is estimated over 10,000 hours.
A 20-cm ion engine will be a candidate of main engine of future spacecraft as the post MUSES-C
interplanetary mission. ISAS has sought a new material for the new engine grid material and have evaluated
basic physical properties. The evaluation items are bulk density, flexural strength, flexural elastic modulus,
tensile strength, tensile elastic modulus or Young’s modulus, remaining strain by 10-cycle tensioncompression test, Poisson’s ratio, thermal expansion coefficient, thermal diffusivity, thermal emissivity and
electrical resistivity. A drilling test to the new materials has been also attempted. A material named CC2000
is finally selected[23]. The new material has some suitable properties, for example, 3 times toughness of
Young’s modulus than that of the MUSES-C ion engine grid material. Figure 22 shows the Young’s
modulus versus strain profile of CC2000 material.
2.5 Microwave Engine
A low power electrostatic thruster, named
“Microwave Engine” in Fig.23, has been developed
by Hokkaido Institute of Technology, Advanced
Technology Institute Ltd. and Astro Research
Corporation for the applications to 50 kg-class
satellites. The low thrust microwave engine is suited
not only for microsatellites but also for satellites with
missions that require extremely precise satellite
positioning and attitude control such as formation
flight for a space telescope/interferometer system
and drag-free microgravity experiments.
In
principle, the microwave engine, as shown in Fig.24,
could generate a continuously variable thrust from
zero to 0.4 mN since ionization and acceleration of
Fig.23 Picture of the prototype microwave engine.
ions are
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separated in different regions in the microwave
engine. The microwave engine performance and
qualification tests, as shown in Table 5, have been
reported in previous papers[24]-[26]. A prototype
engine was built, which generated a calculated thrust
of 0.41 mN with a specific impulse of 1,371 s at a
total power of 27.7 W. A lifetime test of the
microwave engine head is being conducted as one of
the final steps for flight qualification of the engine,
and over 1,000 hours have passed in January 2003.
The exit of the magnetic nozzle (placed just
downstream of the discharge chamber) has a sign of
sputtering, but there is no change in the engine
performance. Also, there is little deposition of
sputtered material inside the discharge chamber. The
lifetime test will continue. In addition to the 30 Wclass microwave engine, there are development
programs in progress for 5 W and 1-3 kW-class
microwave engines.

Fig.24 Picture of the operating microwave engine.
Table 5 Typical microwave engine performance.
Propellant Flow Rate (xenon)
Microwave Power
Acceleration Voltage
Total System Power
Acceleration Current
Beam Current
Acceleration Efficiency
Propellant Utilization Efficiency
Thrust
Isp
Total Thrust Efficiency

0.4 SCCM
5W
250 V
27.7 W
31.0 mA
22.5 mA
0.73
0.78
0.41 mN
1371 sec
0.086

3. Basic Researches
3.1 Tohoku University
3.1.1 MPD Arcjet with Magnetic Nozzle
At Department of Electrical Engineering, a high power (typically 2 MW) MPD arcjet (MPDA) with an
externally-applied axial magnetic field of 0.1 T in the HITOP device is being investigated[27]. Spatial
distributions of ion temperature, axial and rotational flow velocities were measured spectroscopically in the
nozzle region of the MPDA. Spatial profiles of magnetic field and current were also measured precisely, and
J x B force was derived experimentally. It was found that the inward pinch force was dominant and that the
axially accelerating force was weak at several cm downstream of the MPDA. A Laval type magnetic nozzle
was attached a little downstream of the MPDA. An increase in the axial flow velocity was observed with a
decrease in the ion temperature, as predicted by one-dimensional isentropic model of a compressible gas.
Ion heating of the obtained supersonic plasma flow was successfully achieved by exciting an asymmetric
Alfven wave with an azimuthal mode number m = ±1. A Hall accelerator by use of permanent magnets is
also being developed as a low voltage and high current ion beam source.
3.1.2 Laser-driven In-Tube Accelerator
At Institute of Fluid Science, a unique laser
propulsion
device,
“Laser-driven
In-Tube
Accelerator (LITA)”, has been developed[28]-[31].
It is primarily characterized by the acceleration of a
projectile in a tube. The confinement effect of the
tube enhances the thrust performance. Species and
filling pressure of the propellant gas can be tuned.
This device has various practical advantages: It does
not require any projectile tracking device nor a
control of the projectile attitude. It is a fullyreusable launch system including the propellant gas.
The danger against laser beam hazard, air pollution,
noise and vibration are mostly alleviated. In the Fig.25 Vertical launch in LITA (the bore diameter:
25 mm; propellant: Xe (100 kPa)).
experiments, a 2.1-g projectile, as shown in Fig.25,
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was vertically launched using a highly-repetitive carbon dioxide TEA laser (5 J/pulse, 100 Hz at maximum).
A
momentum
coupling
coefficient
larger
than
300
N/MW
was
obtained.
3.2 Kakuta Research Center of NAL: Laser Thruster for Space-Based Applications
Preliminary experiments have been conducted to confirm the feasibility of the use of liquid propellants to
provide the wide range operation of a laser thruster for space-based applications. Glycerin was chosen as the
liquid propellant that was fed through a needle to form a droplet in a vacuum chamber. A Q-switched laser
beam with maximum pulse energy of 1 J in 10 ns was irradiated to the droplet. F5, F6.7 and F10 lenses were
used to provide different optics conditions. Thrust impulse, mass of the propellant, specific impulse and
energy conversion efficiency were measured to obtain propulsion performance. Thrust impulse increased,
however momentum-coupling decreased as laser beam energy increased. These performances were
deteriorated by use of a high F-number lens. This is explained by the poor absorption of the laser energy into
the propellant. Experimental work is under progress to increase the laser beam absorption by changing the
ingredient of the propellant, its feeding system and the irradiation conditions. In parallel, CFD studies are
being conducted to provide the optimum nozzle shape and the irradiation conditions.
3.3 University of Tokyo
3.3.1 Hall Thruster
Discharge oscillations were measured using a 1 kW-class anode layer type Hall thruster as shown in
Fig.26, and an analytical model was proposed where the oscillation is caused due to ionization interaction
between electrons and neutral particle s[32]. Experimental results well supported this model. The effect of
anode configuration was also investigated. Electrical sheath inside a hollow anode, which is commonly used
to stabilize discharge in anode layer type thrusters, was computed using fully kinetic 2D3V Particle-In-Cell
and Direct Simulation Monte Carlo (DSMC-PIC) methodologies[33]. As a result, electron current running
into the hollow anode was found saturated with the plasma density at the anode exit.
3.3.2 Liquid-Propellant Pulsed Plasma Thruster
A liquid-propellant pulsed plasma thruster, as shown in Fig.27, was designed[34]. It has a pulsed injector
of liquid propellant and all the Teflon PPT components except the Teflon bar. At the beginning of operation,
the injector provides liquid propellant into a discharge channel. Then, an igniter provides a small discharge,
triggering an arc discharge in the discharge channel. The propellant is converted into plasma, which is then
accelerated by Lorentz force.
With this thruster, an arc discharge was initiated with a capacitor-stored energy of 14 J and water
propellant of 3 µ g. Thrust measurement yields a corresponding specific impulse of 3,000 s and thrust
efficiency of 9 %, which are superior to the same power Teflon PPTs.

Fig.26 Cross-sectional view of the anode
Fig.27 Cross-sectional view of the coaxial
layer type Hall Thruster.
liquid propellant PPT.

3.4 Institute of Space and Astronautical Science
3.4.1 Design of Transfer Orbit toward Jupiter by EP? VEGA
The ISAS M-V launch vehicle has the potentiality of a Jupiter probe if the electric propulsion system is
employed as electric propelled delta-V Earth Gravity Assist (EP? VEGA)[35]. Preliminary study shows the
possibility of outer planet exploration when the 20-cm ion engine system has been developed with high
efficiency solar array paddles. This spacecraft will be free from nuclear power nor RTGs and weigh about
500 kg suitable to smaller launch vehicles than H-II rocket. The launch window comes around every 6
12
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years, and the first opportunity will be 2008, and
after orbiting 1-year synchronous orbit and
transferring to 2-year synchronous orbit by the first
Earth swing-by, the second Earth swing-by will take
the probe to Jupiter transfer orbit. The electric
propulsion will be used at the intervals of Earth
swing-by for velocity increment, as shown in Fig.28.
3.4.2 Microwave Hall Thruster
A new type of Hall thruster research has been
proposed
by
using
microwave
plasma
production[36]. This research is an effort to study
the effect of microwave insertion, in the hope of i)
reducing the amount of electron current from the
emitting cathode as much as possible; ii) extending
the Hall thruster operating regime.
In this thruster, a microwave-cavity-type
ionization chamber with a quartz glass window has
been attached to the upstream portion of a Hall
acceleration channel. Two thruster prototypes have
been built and tested. The effect of microwave
insertion on the operating range as well as on basic
performance parameters has been investigated. The
incidence of microwave insertion is more apparent in
the second version of the microwave Hall thruster
shown in Fig.29. The operating range of this device
was extended when microwave launching was
implemented, and increases of up to 15 % in
acceleration efficiency were achieved using xenon
when operating in the microwave mode, relative to
DC mode operation with the same thruster. One of
the ultimate aims of this study is to physically
separate the ionization and acceleration zones, so
that both processes can be independently controlled
as an additional experimental parameter.
3.4.3 Coaxial Pulsed Plasma Thruster
A pulsed plasma thruster is researched[37] and
developed in ISAS with renewed interests in
simplicity, robustness and perfect quietness of an
actuator when deactivated during intervals of the
spacecraft attitude/orbit control maneuver for
formation flight. The coaxial PPT, which consists of
a thruster head and a capacitor bank. Figure 30
shows the thruster head. PTFE is selected as a
propellant, and the position of the anode, the
cathode, the ignitor, and the propellant is on the same
axis. The cylindrical ignitor has a 14 mm diameter,
and it has a nozzle shape. And the torsion type
thrust-stand is selected for the very small impulse
measurement.
3.4.4 Two-Dimension Like MPD Arcjet
A basic study is to clarify the acceleration process
inside the flowfield of self-field quasi-steady MPD
arcjet with 500 µ s discharge duration[38]. We have
a two-dimension like MPD arcjet, and spectroscopy
and single probe methods are employed to measure
some physical parameters in the discharge chamber
as shown in Fig.31. Especially,
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Fig.28 Computation sample of Jupiter transfer by
EP? VEGA for small launch vehicle.

Fig.29 Newly designed Hall thruster driven by
microwave power for basic research of ionization
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Fig.30 Appearance of the PPT thruster head.

the atom velocity inside the acceleration discharge
chamber was firstly evaluated by means of diode
laser absorption spectroscopy.
In the anode
configuration of simple fla red nozzle, it was
anticipated that there would be velocity slip between
the hydrogen atoms and ions, and hence the thrust
efficiency tends to remain low.
3.4.5 Low-Power Applied-Field MPD Arcjet
Research has been initiated on a 1 kW-class
applied-field MPD arcjet, including evaluation of
thruster performance as well as its feasibility[39]. A
cross-sectional view of the device is shown in
Fig.32. At the present time, it is found that the
operation of the MPD thruster is stable, when
operated with Ar and He as a propellant gas at a
mass flow rate of 100 sccm, under an applied
magnetic field of 0.20 Tesla. It resulted in only 25
This thruster
Fig.31 Measured quantities inside the discharge Amperes of discharge current.
provided
a
thrust
efficiency
of
8
%
and
a specific
chamber of the 2-dimension MPD arcjet (H2 , 0.82
impulse
of
600
s
and
2,000
s
with
argon
and
helium,
g/s, 13 kA).
respectively.
3.4.6 Helicon Plasma Source for Next Generation
EP
Both small 2.5-cm inner diam. and large 75-cm
inner diam. helicon plasma sources are studied for
next generation EP application[40]. The small
source is uncommon in the plasma processing field,
but useful in the EP application. Preliminary
experiments, as shown in Fig.33, were successfully
conducted to maintain stable Ar plasma at low power
down to 10 W.
3.5 Tokai University
3.5.1 Laser-Assisted Plasma Thruster
Novel laser-assisted plasma thrusters, as shown in
Fig.34, were developed and tested, in which plasma
is induced through a laser beam irradiation onto a
target, or a laser-assisted process, and accelerated by
Fig.32 Cross-sectional view of the 1 kW-class electrical means instead of a conventional direct
acceleration by a laser beam. A fundamental study
applied-field MPD Arcjet.
of newly developed rectangular laser-assisted pulsedplasma thruster (PPT) and coaxial laser assisted PPT
was conducted.
Inducing the short-duration
conductive plasma between electrodes with various
voltages, the short-duration switching or a discharge
was achieved even under low-voltage (0-20 V)
conditions applied to electrodes.
3.5.2 Forward Plasma Acceleration by Intense
Laser Pulses for Space Propulsion
Propulsive performance tests for the forward
plasma acceleration with laser pulses irradiated on
various targets were conducted[41]-[43].
The
experiment included (1) impulse measurement using
time variation of a cantilever displacement, (2)
plasma speed measurement through plasma wave
Fig.33 Operation of small helicon plasma source visualization with a highspeed camera, and (3)
inside a 2.5-cm inner throat diam. pyrex tube.
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(a) Rectangular laser-assisted plasma thruster
(b) Coaxial laser-assisted plasma thruster
Fig.34 Schematics of laser-assisted plasma thrusters.
65 nsec

plasma speed measurement with TOF analysis. In
Forward plasma
addition to the experiment, a Particle-In-Cell
Laser pulse
simulation on the fast ion acceleration mechanism
was also conducted. Although combined forward
and backward plasma acceleration was observed as
Target foil
shown in Fig.35, forward plasma was wellFig.35 Forward plasma acceleration through a solid
collimated with higher velocity.
target with high power laser irradiation.
3.6 National Aerospace Laboratory Headquarters: Solar Thermal Propulsion
NAL has been investigating for several years Solar Thermal Propulsion (STP) as one of the high
performance green propellant propulsions for orbit transfer vehicles, and has developed axially-symmetric
type and opposed-cavity type STP thrusters, as shown in Fig.36, made of single crystal molybdenum or
tungsten in order not to recrystallize the thruster material under high vacuum and temperature conditions.
The axially-symmetric type thruster with 20 mm in outer diameter and the opposed-cavities type thruster
with 8 mm in outer diameters achieved 2,300 K (800 s of Isp ) and 1,700 K (600 s) maximum temperatures by
solar heating with suitable solar ray concentrators, respectively. Also as one of the STP elements, NAL is
trying to make the concentrator of very thin and ultra-light aluminized or silvered polymer membrane
without support by gas inflation. It would contribute to reduce the concentrator weight to 1/30 of the
conventional ones. NAL has already produced the axially-symmetric concentrators with 220 mm, 430 mm,
and 640 mm in diameters, as shown in Fig.37, for small satellites. An ultra-light concentrator system with
variable focal length based on NAL’s patented concept of rectangular concentrator has also been
investigated. The concentrator due to this concept would not only realize unrestricted large area but also fold
up very compactly.

Fig.36 Opposed-cavity STP thruster
Fig.37 220 mm-, 430 mm-, and 640 mm-concentrators
in solar heating test.
of aluminized polymer membrane.
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3.7 Tokyo Metropolitan Institute of Technology
3.7.1 Plasma Contactor for Electrodynamic Tethers
In TMIT, evaluations of electrodynamic tether
system using the hollow cathode have been carried
out. Understanding of the contacting process with
simulated space plasma enables various applications
of electrodynamic tether system such as orbit raising,
de-orbit, station keeping and power generator. In
this study, hollow cathodes are used as a plasma
contactor for both electron emitter and collector.
The results show the simultaneous operation of the
plasma contactors in the simulated space plasma
environment. The closed current loop formation via
ambient plasma between the emitter and the collector Fig.38 Creation of plasma cloud on the electron
were confirmed, and the plasma cloud around the collector.
collector was observed as shown in Fig.38[44].
3.7.2 Experimental and Analytical Studies on Pulsed Plasma Thruster and Ion Thruster
At the same time with the µ -LabSat II development, the researches on the PPT ablation, acceleration
mechanism are carried out[45]. Experimental results on the effects of discharge energy density on the
specific impulse and high speed photos which show the teflon plasma generation, acceleration and its
ejection are to be presented in this conference. Furthermore, fundamental studies on ion thruster, hollow
cathode and microthruster using laser ablation are also conducted.
3.8 Shizuoka University
3.8.1 Interactions between Exhausted Ions from Electric Propulsion and
Particles in Upper Atmosphere
The ions exhausted from electric thrusters have very high energies compared with the ions in the
plasmasphere. If we operate electric thrusters near the earth frequently in the future space developments,
there is a possibility that the exhausted ions from electric thrusters impacts on the environment in the
plasmasphere. Analytical results obtained by Shizuoka University[46] showed that the exhausted ions from
ion thrusters were trapped by the geomagnetic field because the quasineutrality of exhausted beam was
broken at a few tens km from the exit of thruster; the energy of ions transferred to the ambient particles
through collisions, and then the components of the plasmasphere was changed by the heating of particles in
the plasmasphere. The detail analysis of the exhausted ion motions and the mechanism of the heating of
particles in the plasmasphere is undergoing at present. In addition, the possibility of the application of
exhausted ions to the analysis of the density of upper atmosphere by using the reciprocal reactions between
exhausted ions and ambient particles is also studied.
3.8.2 Electrodynamic Tether
The performances of the electrodynamic tether orbit transfer system and the de-orbit system are
analytically studied with the tether dynamics and the modeling of the contactors. The initial analysis[47]
showed that the electrodynamic tether could reduce the system mass compared with the conventional ion
thruster for the orbit transfer until the altitudes of 6,000-8,000 km. The analysis[48] also showed that the
electrodynamic tether could be applied to the de-orbit of debris on the elliptical orbit, but the unstable motion
would occur in some situations on the elliptical orbit. The control method to stabilize the tether motion is
analyzed at present.
3.9 Nagoya University: Hall Thruster
Experimental and numerical studies for controlling a low-frequency discharge oscillation in a Hall
thruster are being conducted. In previous works by Nagoya University, a possibility of amplitude control by
decreasing the neutral density incoming to the ionization zone was predicted[49]. In the experimental work,
the neutral density was decreased by heating the propellant. As a result, the amplitude of the oscillation
decreased as the propellant temperature increased. However, the propellant preheating causes a complicated
system. Therefore, in the present study, the control of the oscillation is studied from the viewpoint of design
of inlet part using NUHT-II as shown in Fig.39[50]. Figure 40 shows that the dependencies of amplitude and
frequency on the diameter of anode orifice. Both the amplitude and the frequency decrease for a smaller
orifice.
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Fig.39 Cross-sectional view of the NUHT-II Fig.40 Dependencies of amplitude and frequency
? = 14 sccm,
Hall thruster.
on diameter of anode orifice ( Xe m
radial magnetic field B = 0.06 T, channel length
Lc = 16mm, discharge voltage Vd =220 and 240 V,
diameter of anode orifice ? = 2, 3 and 4 mm).

3.10 Osaka University
3.10.1 Low Power Arcjet Thruster
The laboratory-model radiation-cooled arcjet thruster RAT-VII, as shown in Fig.41, was operated in a low
electric power range of 400-800 W with a mixture of hydrogen and nitrogen simulating hydrazine at a wide
mass flow rate range of 20-50 mg/s, although the arcjet geometry had already been designed optimally for 1
kW-class operation[51]. In cases with large mass flow rates above 35 mg/s, the thrusts and the thrust
efficiencies were above 110 mN and 34 %, respectively, although the specific impulses were below 390 s.
The thruster performance evaluated was much higher even at 500 W than those for monopropellant
hydrazine thrusters. Unsteady thermal analyses of the thruster body were conducted using electrode heat
losses empirically derived. The temperature distributions calculated for the RAT-VII body with roomtemperature propellant injection showed that the body temperatures at 1,000 W rapidly increased just after
the arc ignition and approached some values around 1,000 K after about 30 min. However, in a low power of
500 W, a long time of about 60 min was spent to reach a thermal steady-state condition with lower body
temperatures. For the RAT-VII thruster, operations at 500 W are not preferable to those at 1,000 W from the
standpoint of thruster performance, thermal characteristic and operational stability in the early stage from the
arc ignition up to a steady-state operation. A 70 %-downsized body for the RAT-VII thruster was designed.
The time up to a thermal steady-state operation at 500 W was shorter with the 70 %-downsized thruster than
with the RAT-VII thruster, and the body temperatures were higher. In the RAT-VII thruster with hightemperature propellant injection, the time to a steady-state condition at 500 W was also shorter than that with
room-temperature propellant injection. However, it is suspected that the structure near the inlet of the hightemperature gas may be destroyed by an excessive heat stress generated by contact between the gas and the
cold body part just after the arc ignition. Therefore, downsizing the RAT-VII body is better around 500 W.
A newly-designed 500 W-class arcjet thruster is under operation.
3.10.2 Medium Power Arcjet
Spectroscopic and electrostatic probe measurements were carried out to understand plasma features inside
and outside a 10 kW-class DC arcjet[52],[53]. Ammonia and a mixture of nitrogen and hydrogen were used
as a working gas. The NH3 and N2 +3H2 plasmas in the expansion nozzle and in the downstream plume were
in thermodynamical nonequilibrium state although those in the constrictor throat were nearly in a
temperature equilibrium condition. As a result, the H-atom excitation temperature and the N 2 rotational
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excitation temperature decreased from 11,000 K at
the throat to 4,000 K and to 2,000 K, respectively, at
the nozzle exit at 0.2 g/s with 11 kW, although the
NH rotational temperature did not show an axial
decrease even in the nozzle. On the other hand,
several temperatures were almost kept in small
ranges in the downstream plume under an ambient
pressure of 130 Pa except for the NH rotational
temperature for NH3 working gas.
3.10.3 MPD Arcjet Flowfield Characteristics
The quasi-steady MPD thruster MY-III was
operated
to
study
the
exhaust
plume
characteristics[54]. Both emission spectroscopic and
rotatable double probe measurements were made to
evaluate electron temperatures, plasma number
densities and plasma flow directions in the
downstream plume region. Flowfield calculation
was also carried out to understand plasma flow
features and acceleration processes in detail. As
shown in Fig.42, the plasma was slightly expanded
radially
outward
downstream
within
the
extrapolation line of the divergent nozzle regardless
of discharge current and gas species although it was
intensively expanded outside the line. Therefore, the
plasma flow was divided into inner and outer flows
with the nozzle extrapolation line. Both the electron
temperature and the plasma number density
decreased radially outward at a constant axial
position.
In the outer flow, radial expansion
intensively occurred, and both the electron
temperature and the plasma number density were
seen to decrease axially. In the inner flow, a large
amount of thermal energy was considered to be
smoothly converted downstream into axial kinetic
energy, and the axial plasma acceleration decreased
the electron temperature and the plasma density. The
angle of radial expansion decreased with discharge
current because of increase in axial velocity. The
angle for H2 was relatively small compared with
cases for Ar because of an intensive thermal pinch
effect for H2 . The calculated physical properties
qualitatively agreed with the measured ones although
the calculation model was so simple that only onefluid, one-temperature, no wall losses etc. were
considered.
The ion flux calculated gradually
decreased downstream by radial expansion. Because
a large fraction of 90 % of ion flux existed within a
radius nearly along the nozzle extrapolation line,
nozzle angle may influence contamination of
spacecraft although a core flow, i.e., the cathode jet,
with a large ion flux existed on the central axis.
3.10.4 Effect of Applied Magnetic Field on
Repetitively-Operational
MPD
Arcjet
Characteristics
A magnetic field with a divergent shape was
applied to a quasi-steady MPD discharge chamber by

Fig.41 Operation of the radiation-cooled arcjet
thruster RAT-VII.
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Fig.43 Operation of the THT-IV Hall thruster.

using a pulse coil in order to understand effects of magnetic nozzle on the operational characteristics and to
enhance the thruster performance[55]. The magnetic field strength is up to 0.45 Tesla near the cathode tip.
The applied-field MPD arcjet was operated in repetitively operational mode with a discharge duration time
of 1.5 ms and a firing frequency of 0.5 Hz at a vacuum tank pressure below 1 Pa. The thrust increased in 5070 % by applying magnetic field with H2 and N2 at low discharge currents of 3-10 kA. The measured power
deposition characteristics showed that the cathode and anode heat losses increased in 20-30 % and 40-45 %,
respectively, although the thrust efficiency hardly changed.
3.10.5 MPD Arcjet Material Spraying
In MPD arcjets, plasma is accelerated by electromagnetic body forces. The MPD arcjet can produce
higher-velocity, higher-temperature, higher-density and larger-area plasmas than those of conventional
thermal plasma torches. Two types of MPD arcjets were developed for applications to ceramic spray
coatings[56]. One was provided with a cathode covered with Mullite or Zirconia ceramics and the other with
a titanium cathode. The former was operated with Ar for Mullite or Zirconia coating due to ablation
process of the cathode cover and the latter with N2 for titanium nitride coating due to reactive process
between ablated titanium particles and nitrogen plasma. The MPD spray process could successfully form
dense, uniform and hard ceramic coatings. In titanium nitride reactive spraying, plasma diagnostic
measurement and flowfield analysis were also carried out. A large amount of N and N+ was expected to be
exhausted with a high velocity from the MPD generator. Both the electron temperature and the electron
number density were kept high at a substrate position compared with those for conventional low-pressure
thermal sprayings. A chemically active plasma with excited particles of N+, Ti, Ti+ and Ti2+ were considered
to contribute to better titanium nitride coatings. All coating characteristics showed that the MPD arcjets had
high potentials for ceramic spray coatings.
3.10.6 Low Power Hall Thruster Experiment
Basic experiments are being carried out using the THT-IV low-power Hall thruster, as shown in Fig.43, to
examine the influences of magnetic field shape and strength, and acceleration channel length on thruster
performance and to establish guidelines for design of high-performance Hall thrusters[12],[14]. Thrusts
were measured with varying magnetic field and channel structure. Exhaust plasma diagnostic measurement
was also made to evaluate plume divergent angles and voltage utilization efficiencies. Ion current spatial
profiles were mapped with a Faraday cup, and ion energy distribution functions were estimated from data
with a retarding potential analyzer. The thruster was stably operated with the highest performance under an
optimum acceleration channel length of 20 mm and an optimum magnetic field with a maximum strength of
about 150 Gauss near the channel exit and with some shape considering ion acceleration directions.
Accordingly, an optimum magnetic field and channel structure is considered to exist under an operational
condition, related to inner physical phenomena of plasma production, ion acceleration and exhaust plasma
feature. A new Hall thruster was designed with basic research data of the THT-IV thruster, enabling a long
stable operation. In all experiments at 200-400 V with 1.5-3 mg/s, the thrust and the specific impulse ranged
from 15 to 70 mN and from 1100 to 2300 sec, respectively, in a low electric power range of 300-1300 W.
The thrust efficiency reached 55 %. Hence, a large map of the thruster performance was successfully made.
The thermal characteristics were also examined with data of both measured and calculated temperatures in
the thruster body. Consequently, thermally safe conditions were achieved with all input powers.
3.10.7 Hall Thruster Flowfield Calculation
Low-power Hall thruster flowfields were calculated using a simple one-dimensional model to understand
plasma characteristics and ion acceleration processes and to predict thruster performance[12],[57]. The
influences of magnetic field strength and acceleration channel length were mainly examined. The model
includes first ionization by direct electron-neutral collisions, electron-neutral elastic collisions, Bohm
diffusion (anomalous diffusion); channel wall losses of ion flux and electron energy flux with secondary
electron emission effect. The thruster model for calculation is the THT-IV thruster. Generally, ions were
produced in an upstream region from the anode to some axial location of the acceleration channel, and then
they were intensively accelerated in a region downstream just from the ionization region. When the
magnetic field strength increased in the channel, ionization occurred in a farther upstream region, and ion
acceleration began in the same region; that is, ionization and acceleration overlapped in the relatively long
region. On the other hand, with a weak magnetic field ion production and acceleration, intensively and
efficiently, occurred in their thin regions. When the channel was too short, ionization began immediately
after the anode, and then ion acceleration also occurred in the same region. When the channel was long, it
was long enough to produce a fully-ionized plasma, and ion production and acceleration occurred efficiently.
The calculated thruster performance resulted from the calculated voltage utilization efficiency, plasma plume
divergent
half-angle
and
energy
balance characteristics as well as the distributions of physical
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properties in the channel. However, because the
measured performance characteristics did not agree
well with the calculated ones, we need to improve
the present calculation model. Furthermore, Osaka
University tried to include unclear anomalous
electron diffusions by changing a Bohm diffusion
coefficient at each high magnetic field strength in
order to fit a calculated performance to the measured
one.
The calculated discharge current almost
equaled the measured one, and the thrust
characteristic also agreed well with the measured
one.

Fig.44 Operation of the TCHT-I cylindrical
Hall
thruster.
3.10.8 Cylindrical Hall Thruster R&D for Small Satellites
Preliminary experiments were carried out using the cylindrical Hall thruster TCHT-I with circular crosssectional area, as shown in Fig.44, to examine the basic operational characteristics for design of highperformance very- low-power Hall thrusters for small satellites[58]. The discharge current decreased with
increasing magnetic field strength at a constant discharge voltage, although its characteristic for conventional
coaxial Hall thrusters has a minimum. Both the thrust and specific impulse were almost kept constants or
slightly decreased. Accordingly, the thrust efficiency increased with magnetic field strength and reached a
maximum of about 22 % with a ratio of inner to outer magnetic coil currents of 3:2. The discharge current
oscillations due to ionization instability were observed. A ratio of oscillation amplitude to average discharge
current was below about 20 %. The ratio for the TCHT-I thruster was much smaller than those for coaxial
Hall thrusters. Therefore, a stabler operation would be achieved with the TCHT-I thruster. When the
magnetic field strength increased, a lower discharge current and a higher thrust were achieved with the coil
current ratio of 3:2 compared with those only with an inner magnetic coil, an outer coil current of zero. As a
result, a higher thrust efficiency was obtained. With the coil current ratio of 3:2, the discharge current
increased from 1.8 A at a discharge voltage of 200 V to 2.25 A at 300 V with a radial magnetic field strength
of 210 Gauss and a mass flow rate of 1.0 mg/s. Both the thrust and the specific impulse also increased from
12 mN and 1,200 s at 200 V to 18 mN and 1,800 s at 300 V. The thrust efficiency was kept about 21 %
regardless of discharge voltage. At present, a half-size thruster of TCHT-I is under design.
3.10.9 Spacecraft and Plasma Interactions
In order to simply and clearly understand phenomena of spacecraft charging and its mitigation by plasma
flow, the equivalent electrical circuits between a spacecraft and the space plasma around it were
constructed[59]. The spacecraft was found to suffer from the hazard of electrical breakdown between the
spacecraft conductive main body and the insulating surface during the mitigation. In the space plasma
simulator, the segmented ion collector in series with negatively charged capacitors was exposed to argon
plasma flows with changing plasma velocity under a constant plasma number density. The time variations of
neutralization current and ion sheath shape were measured. The mitigation process was expected to depend
on plasma velocity and plasma number density, i.e., ion velocity and ion flux, and their dependence
intensively changed with the attack angle of plasma flow to the negatively charged surface by effect of
inertia of ions. In cases that a negatively-charged insulating surface disappears from a plasma source, in the
shade on view from a plasma source, i.e., in wake condition, particularly with a high plasma velocity,
electrical breakdown is suspected to occur by a large difference in mitigation time between the absolute
charging of the spacecraft conductive main body and the local charging of the insulating surface.
3.11 Kyushu University
3.11.1 Characterization of MUSES-C Ion Thruster Plume, Air-Breathing Laser Propulsion, and
Vaporizing Liquid Microthruster
At Department of Aeronautics and Astronautics, the backflow of the plume exhausted from the ion engine
of the MUSES-C spacecraft is being numerically analyzed by means of the DSMC-PIC method. It is the
objective to reveal sensitivities of electron temperature, beam expansion angle and cross section for charge
exchange reaction to the behavior of CEX ions in the backflow region. In addition, the opt-fluidic
mechanism of air-breathing laser propulsion is being explored by high-speed photography, where the
relationship between multiple breakdown and inverse bremsstrahlung are explained. Vaporizing liquid
microthrusters are built and tested using MEMS-based electrothermal technique, whose channel height is of
the order of ten micrometers. The starting-up stage of vaporization is investigated considering the effect of
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wettability.
3.11.2 Micro Microwave-Discharge Ion Thruster
A satellite operated on small and low power can be developed because high integration of semiconductor
can miniaturize parts of the satellite. Therefore, at Department of Advanced Energy Engineering Science, a
research on a micro ion engine for a small satellite is being made. This has a small microwave discharge
plasma source. The objective of this study is to fabricate a small plasma source and to evaluate its
performance as electron and ion sources. Presently, the plasma parameters are being measured, and the
electron current is also being extracted from the plasma source. Furthermore, ion current will be tried to be
extracted from it.
3.12 Kyushu Institute of Technology
3.12.1 Double-Discharge Pulsed Plasma Thruster
In order to improve the propellant vaporization issue and thruster performance of pulsed plasma thrusters,
a“Double Discharge Method”was proposed and tested experimentally. In this method, it is expected that
part of late-time vaporization gas in the primary discharge is accelerated by the secondary discharge. To
perform this double discharge operation, Kyushu Institute of Technology has designed and fabricated
original circuitry that consists of two independent capacitors and silicon controlled rectifiers (SCRs), as
shown in Fig.45. In the ignitor power supply, two successive ignition pulses with set intervals can be made,
and two successive (but independent of each other) discharges can be produced between electrodes. The
delay time between the primary and secondary discharge can be adjusted by changing the interval of the
ignitor firings.
3.12.2 Spacecraft Environmental Interactions
Interaction between ion thruster plume and high voltage solar array onboard a large GEO
telecommunication satellite is studied via experiment and computer simulation. A three-dimensional particle
simulation code has been developed to calculate the density of plasma near the solar array that is made of
charge exchange ions and neutralizer electrons, as shown in Fig.46. The near-spacecraft plasma environment
is produced inside a vacuum chamber via a Xenon plasma source. The issues of current leakage and arcing
are studied via experiment biasing a solar array coupon inside the chamber. As an application of ECR ion
thruster, an oxygen plasma source is developed jointly with ISAS. The oxygen plasma source will be used to
simulate the LEO plasma environment in a vacuum chamber. The combined effects of electrical, chemical,
and physical interaction between oxygen ions and spacecraft surface material will be studied.
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Fig.45 Schematic of electric circuit for double Fig.46 Charge exchange ion density near a GEO satellite.
discharge operation.
Density of 5x1010 m-3 is marked in yellow.
3.13 Mitsubishi Heavy Industries, Ltd.
3.13.1 Ion Thruster System
MHI is developing the propellant management unit (PMU) of the MUSES-C ion engine system in
collaboration with ISAS and NEC/Toshiba Space Systems. Figure A shows the scheme of PMU. A simple
and light pulse-width-modulation regulator system is applied to the PMU.
3.13.2 Pulsed Plasma Thruster System
MHI started research and development of a PPT system for a micro satellite in 2001. The final target
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efficiency is below, respectively.
1) The altitude control for a small satellite: 10 % with input power of 10 J;
2) The orbit transfer for a small satellite: 15 % with input power of 30 J.
For achieving the goal, MHI considered two kinds of approach, namely experimental one and numerical
one. In the experimental approach, MHI can obtain the fundamental data of thruster performance on design
parameters as electrode configurations, propellant configurations, and igniter positions. Besides, MHI is
planning to develop the numerical simulation code that takes into consideration the plasma production region
in PPTs. Each approach is not independent, and by complementing each other, the performance
improvement can be achieved.
MHI performed the firing test. Figure B is the picture of firing MHI PPT.
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