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Interplanetary spacecraft tend to be large, heavy and expensive, due mainly to the
substantial velocity increments necessary to achieve their objectives. This results in the
need to carry considerable quantities of propellant. Thus it is not possible to avoid using a
large launch vehicle, further adding to the overall mission budget. In aiming to reduce the
mass and volume of the spacecraft, it is widely accepted that the propellant load can be
reduced by an order of magnitude or more by employing electric propulsion (EP). With
advances in other technologies also becoming available, particularly in the areas of solar
cells, batteries, communications and attitude control systems, further reductions in
spacecraft mass are possible. Ultimately, if the spacecraft can be made sufficiently small,
the low costs associated with an auxiliary passenger launch may be realised for an
interplanetary mission. This is the theme developed in this paper, which has established the
feasibility of performing a scientifically effective rendezvous mission with an asteroid, using
EP to achieve the necessary velocity increment, but within the constraints of a 120 kg
spacecraft placed into geostationary transfer orbit as an Ariane-5 auxiliary payload.

Introduction
Previous experience suggests that most interplanetary
spacecraft are intrinsically large, heavy and expensive.
This is mainly due to the substantial velocity
increments necessary to achieve their objectives,
which result in the need to carry large quantities of
chemical propellant. This characteristic becomes even
more dominant when the outer reaches of the solar
system are considered, especially if a rendezvous with
the target is involved, or if it is intended to orbit this
body.
Taking these factors into account, it is not possible to
avoid using a large and costly launch vehicle, further
adding to the budget required for the mission.
However, the use of electric propulsion (EP) can
overcome this problem, and it is shown in this paper
that this technology will permit a rendezvous mission
to an asteroid to be undertaken as an auxiliary payload
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payload on an Ariane 5 launcher [1].
Although it is widely accepted that these large
quantities of chemical propellant can be reduced by an
order of magnitude or more by employing electric
rather than chemical propulsion, this technology has
been used to date on only one mission, Deep Space 1
[2]. It is also planned for the Muses-C programme
[3,4], which aims to return a sample from an asteroid
to the Earth for laboratory examination. In addition,
the SMART-1 project [5] funded by ESA is aimed at
demonstrating the application of EP to orbit–raising to
achieve escape velocity. Later ESA missions, such as
the BepiColombo Mercury orbiter [6], are also
scheduled to use EP.
With advances in other technologies also available,
further reductions in spacecraft mass are possible.
These are considered in the paper and it is shown that
the greatest potential gains are likely to occur in the
power system, by taking advantage of recent
developments in solar cell and battery technologies,
partly because the use of EP requires the generation of
a substantial power output.
Other technologies

EP, which provides a much improved performance in
terms of the available specific impulse (SI). The SI
can be increased by a factor of about 4 above the best
chemical systems using Hall-effect thrusters (HETs)
and by an order of magnitude or more with gridded ion
thrusters. A comparison of the performance of
different systems is presented below in Table 1, in
which the effective exhaust velocity of a thruster is
denoted by veff.

considered include the communications and attitude
control systems. This study has been aided by wide
experience of small satellite design and development,
via the STRV programme [1], which has so far
deployed two 50 kg and two 100 kg spacecraft into
geostationary transfer orbit (GTO).
The paper concentrates on a detailed assessment of a
mission to the asteroid Nereus, which was originally
selected as the objective of Muses-C [4]. In order to
minimise total cost to the greatest possible extent, it is
assumed that the launch will be as an auxiliary payload
on an Ariane 5 to GTO and that this will be followed
by an orbit-raising manoeuvre [7], to escape velocity,
using the EP system. It is found that it should be
possible to deliver a useful payload to the asteroid
within a total launch mass of only 120 kg.

Table 1. Typical values of effective exhaust velocity.
Propulsion System

Typical veff
(km/s)
0.65
2.1 – 3.2
2.9 – 4.5
4-6
< 4.7
1.7 – 2.9
2.8 – 3.2

Cold gas
Solid propellants
Liquid propellants
Exotic bi-propellants
Liquid hydrogen/liquid oxygen
Hydrazine monopropellant
Power augmented hydrazine
Electric propulsion
Arcjets
Hall-effect thrusters
Gridded ion thrusters
Advanced gridded ion thrusters

The Problem and its Potential Solution
There has, for many years, been very great interest
from the scientific community and from the general
public in missions with deep space objectives. This
interest has been heightened by the need to better
understand the origin and evolution of the solar
system, and also by the possibility of finding evidence
of past or present life elsewhere within the solar
system. This interest naturally extends to the many
asteroids and comets also orbiting the sun, partly
because it is now acknowledged that collisions of such
bodies with the Earth has very greatly influenced the
evolution of our planet.

6 - 10
14 - 20
22 - 60
> 60

The advantage of using a high value of SI can be seen
immediately by consideration of the rocket equation,
which is derived from Newton's Laws of motion and is
∆V = veff log e(Mo / Mf ) = veff log e

The primary non-technical problem associated with
missions of this type is the very high cost involved.
This is due mainly to the need to provide a very high
velocity increment to the spacecraft to escape from the
Earth's gravitational field and then to undertake the
subsequent interplanetary journey in a reasonable time.
A rendezvous with the target, perhaps to go into orbit
around it, adds further to this requirement, which
typically totals many km/s.

Mo
Mo − ∆M

(1)

where ∆V is the velocity increment, Mo and Mf are the
masses of the spacecraft at the beginning and end of
the manoeuvre, and ∆M = Mo - Mf is the mass of
propellant consumed.
The SI, denoted by Isp, is related to veff by Isp = veff/go,
where go is the acceleration due to gravity at sea level,
so that

∆V = Ispgo log e

As already mentioned, if the mission is undertaken
using conventional chemical propulsion, the mass of
propellant that has to be carried is substantial. This
leads to a large and heavy spacecraft, and thus to the
need for an expensive launch vehicle. The total cost is
thus driven by the relatively low performance of the
propulsion system, to such an extent that relatively few
countries and international agencies can afford to
mount such missions.

Mo
Mo − ∆M

(2)

It is therefore clear that an increased value of Isp
enables ∆M to be reduced considerably for a given ∆V.
Thus the use of the highest possible value of SI, within
other constraints, will minimise total spacecraft mass.
This is the approach adopted in the design study
reported in this paper.
The starting point for the study was an assessment of
the launch options available, bearing in mind the need

The solution, which is widely acknowledged, is to use

2

to minimise total mission cost.
considered included the following:

The possibilities

The Proposed Mission
Basic Concept
To illustrate the possibilities and problems of the
approach to interplanetary missions covered by this
study, it was decided to take the asteroid Nereus as the
objective. Depending upon the launch date, thrusting
strategy and trajectory, the velocity increment required
following Earth escape [4] is about 5 km/s. To this
must be added about 4 km/s if a GTO launch is used,
giving a total of 9 km/s. A cursory examination of
Equation 2 then shows very clearly that reasonable
values of ∆M can be attained only if the SI is large.

Pegasus-XL launch [8] to low Earth orbit (LEO).
Cost is about $12M - $15M.
Payload to circular 560 km, 28 deg inclination orbit is
about 360 kg.
Rockot [8,9] launch to LEO.
Cost is about $5M - $10M.
Payload to circular 400 km orbit is about 1900 kg.
Ariane 5 auxiliary payload launch to GTO.
Cost is about $1M.
Payload to GTO is limited to 120 kg.

This conclusion is illustrated by the data in Table 2,
which assume an initial deployed spacecraft mass of
120 kg and the use of a T5 ion thruster [11] operating
at 25 mN thrust, for which the total propellant flow
rate is about 0.725 mg/s. The range of SI covered,
2500 to 5000 s, is representative of current practice.
With an estimated thruster lifetime [12] in excess of
10,000 hours, all values of SI above 3500 s are
probably acceptable, which is consistent with the
reduction of ∆M to less than 30 kg, although a
somewhat lower mass would be desirable.

These are attractive options, with the Rockot providing
the best payload by far. However, they all require
subsequent orbit-raising to escape from the Earth's
gravitational field. Although this has not so far been
demonstrated using EP, ESA's SMART-1 mission [5]
has this objective. In the case of an LEO launch, the
very slow orbit-raising manoeuvre [7] must transit
through the Earth’s radiation belts, with resulting
degradation to the solar arrays and possible damage to
on-board electronics systems.
Thus hardened
electronics components are necessary for critical
circuits, adding to the mission cost.

Table 2. Propellant mass and thrusting time for a
range of values of SI.

As the GTO passes through the radiation belts four
times each day, the same problems arise, although they
are not so severe, as has been demonstrated in the
STRV-1a and 1b [1] and Hipparcos missions. These
three spacecraft spent several years in GTO during
which they suffered degradation due to radiation, but
this was not as severe as was originally feared. In the
GTO deployment case, the procedure might be to
thrust repeatedly around apogee to circularise slowly
the orbit at geostationary altitude, then to raise it
further to achieve escape.

SI (s)

∆M (kg)

2500
3000
3500
4000
4500
5000

36.9
31.6
27.7
24.6
22.1
20.1

Thrusting
time (hr)
14,100
12,100
10,600
9400
8500
7700

It was therefore concluded that the T5 thruster, or a
similar device, operating at 25 mN thrust with an SI in
excess of 3500 s, would have adequate lifetime to
accomplish this mission and that the power required,
which is less than 1 kW, is acceptable. The study then
proceeded on this basis, and benefited considerably
from experience gained by NASA during the on-going
Deep Space 1 (DS-1) mission [2], in which an ionpropelled spacecraft undertook a fly-by of the asteroid
1992KD on 29 July 1999. This spacecraft is now on a
trajectory for a fly-by of the comets WilsonHarrington and Borrelly. By October 2000 [10], the
thruster employed had accumulated more than 6500
hours of operation and was still working perfectly.
Not only has this mission proved the use of a gridded
ion thruster to achieve interplanetary objectives, it has

It seemed from a preliminary study that the Ariane 5
option was the most challenging, owing to the
limitation on payload mass. However, it potentially
provided the most affordable mission, so it was
investigated in some detail and was found to be viable.
Thus the other options, which provide considerably
greater launch mass, are entirely feasible and are
worthy of further study. As well as the greater launch
mass capability, they have the advantage of complete
flexibility as regards launch time; they are not
constrained to comply with a schedule imposed by a
primary Ariane 5 customer.
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also demonstrated many other advanced technologies
and operational procedures.

of solar array and also the thermal design of the
spacecraft. It will also influence the design of the
communications system and may dictate the size of the
ground station antennas which must be used to acquire
data. For consistency with a low-cost philosophy, a
large, expensive antenna (e.g. 35m) should be avoided
if possible.

A further project, of greater relevance to this study is
the Muses-C mission [3], which will use ion thrusters
to rendezvous with the asteroid 1989ML. It is then
intended to land, take a sample of the surface, and
return this to Earth. The spacecraft may also include a
small surface rover vehicle provided by JPL. It should
be noted that the earlier objective of Nereus had to be
changed owing to a delay in the construction of the
spacecraft.

Variation of the sun vector angle
This will determine to a large extent the design of the
solar array and, in particular, its ability to move about
one, two or three axes in order to maximise power
output. It should be noted that it will be necessary to
rotate the spacecraft through 180° in order to thrust
against the velocity vector when the rendezvous with
the target becomes necessary.

Using these two examples to provide relevant
information, it is suggested that the interplanetary
phase of the present mission could be very similar to
that of the Muses-C project, employing the
autonomous navigation procedures pioneered by DS-1.
The achievement of Earth escape velocity from the
launch into GTO would be followed by almost
continuous thrusting along a trajectory designed to
intercept the target object. As this was approached,
thrusting against the velocity vector would be used to
remove the relative velocity and permit a rendezvous
to be achieved.

Variation of the earth vector angle
This will determine the design of the mounting for the
high gain antenna (HGA), since it must be capable of
pointing at Earth during communications sessions.
Alternatively, the higher risk approach can be taken of
manoeuvring the spacecraft to point the antenna at the
Earth at pre-determined communications times. As
with sun angle variations, the antenna mounting or the
pointing strategy will have to accommodate the
rotation of the spacecraft during its deceleration phase.

An equally onerous phase of the mission would be the
attainment of escape velocity, using the ion propulsion
system (IPS) for this purpose. Assuming the use of an
Ariane 5 for launch into GTO, this will, as explained
earlier, involve the circularisation of the initial orbit,
followed by a gradually expanding spiral trajectory
until escape conditions are achieved. Owing to the
mass limitation of 120 kg this, together with the
interplanetary requirements, represent a severe test of
any IPS.

Thermal design
In this, the radiators required to remove waste heat
must always maintain a view to deep space. In
addition, if the distance to the sun increases
significantly, power may have to be diverted to
heaters.
Thruster throttling
Owing to the variation of the power output from the
solar array during the mission, it will be necessary to
throttle the thruster, perhaps over a wide range, in
order to optimise the trajectory and minimise the
mission duration. When throttling, it is essential to
maintain a very high SI if overall performance is not to
be degraded.

It is worth repeating that the orbit-raising manoeuvre
from GTO is to be demonstrated by ESA’s SMART-1
mission [5], although using a relatively low
performance electric thruster. However, SMART-1 is
a much larger spacecraft than that considered here and
hence incurs a launch cost many times that for an
auxiliary passenger on an Ariane 5.

Attitude control system (ACS)
The choice of ACS is important since this can be of
relatively high mass and can consume a considerable
amount of propellant.
An associated decision
regarding any vectoring of the thrust of the IPS is
particularly relevant to this matter.

Constraints
There are several other constraints which affect the
design of the spacecraft and the way in which it can be
operated. Some of these will have an impact on the
power required, on the overall mass and on trajectory
optimisation, so must be considered at an early stage.

Mission Features
The objective of the study reported here was to predict
initial realistic values of the power and mass required

Distance from the sun
This will affect the power available from a given size
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137 m/s. Using a hydrazine system with a SI of 200 s,
the mass of propellant needed to correct this would be
10 kg. To this must be added the ACS requirements
during the remainder of the mission, strongly
indicating the need to use the IPS to the maximum
possible extent in an attitude and trajectory control
mode, as has been demonstrated with DS-1 [10].

for a viable mission carrying a modest payload, so that
subsequent assessments can be made of its cost and
development timescale.
It was assumed that
technology currently under development will be
available for experimental use in the timescale of the
mission. In order to reduce the amount of analysis
required, the study primarily made use of the
information published concerning the Muses-C
mission to Nereus [3,4].

Trajectory effects
In the Muses-C study it was shown that the distance
from the sun is as great as 2.017 astronomical units
(AU), which implies that the power generated by the
array will decrease to only 25% of its initial value at
this point. The encounter with Nereus (April 2003, for
a January 2002 launch) is at 1.605AU, at which the
power output is at 39% of its launch value (excluding
the effects of radiation damage). Consequently, the
thrust must be modulated to take this into account, and
to ensure that all the available power is usefully
employed. Conversely, an oversized solar array can
be considered.

Launch effects
In the case of Muses-C [4], a direct launch to earth
escape is to be employed, giving a hyperbolic excess
energy (C3) of 18 km2/s2 and a value of ∆V of ~4.3
km/s. This clearly requires a relatively large launch
vehicle, which will be comparatively expensive, and
cannot be provided by an Ariane-5 to an auxiliary
payload. Thus, the alternative strategy of an orbitraising manoeuvre from GTO becomes mandatory,
The stringent
requiring a ∆V of ~4 km/s.
accommodation constraints dictate that a single IPS
accomplish both the orbit-raising and interplanetary
propulsion phases. The selected engine must therefore
have sufficient life and performance for these tasks.

During the Nereus mission, the distance to the Earth
increases to a maximum of 2.979AU, so that the signal
strength at the ground station will decrease to a very
small value, implying that data rates will be low.
There is thus a definite need for a high gain antenna
and a relatively high power transmitter. In addition,
sensitive ground station systems must be used to
acquire the signals from the spacecraft.

The total value of ∆V provided to the spacecraft
following Earth escape, for the outward journey in the
case of Muses-C, will be about 5.1 km/s. Of this, only
0.74 km/s is derived from the IPS. Clearly, if a less
energetic launch is used, the IPS must provide a
greater proportion of the ∆V. This is entirely feasible,
since much longer thrusting durations are possible, so
a detailed mission analysis is required in which the
launch constraints and orbit-raising manoeuvre are
included.

The Ion Propulsion System
An essential part of this study was to ascertain whether
a spacecraft can be designed which will comply with
the 120 kg mass limit and which will also be capable
of fitting within the available volume. As reported
below, this involved considering all the systems
required for a successful mission, bearing in mind the
need to carry an effective payload. The main objective
of minimising mass was greatly assisted by the
experience available from the STRV programme [1]
and by the information published in connection with
the Deep Space 1 [2,10] and Muses-C [3,4] missions.

As an example, with an initial spacecraft mass of 120
kg, a single T5 ion thruster [11], operating at 25 mN,
can provide a ∆V of 9.9 km/s, which is more than
adequate to perform the complete mission, including
the orbit-raising phase. Clearly, less ambitious targets
can be more readily achieved. As an illustration, if the
transfer to the asteroid requires a ∆V of 3.5 km/s, the
total needed is 7.5 km/s. This can be accomplished in
7790 hours at 25 mN thrust, using 20.3 kg of xenon
propellant.

The IPS is clearly critical to success and thus required
a detailed examination as part of this study. It was
decided at the outset, via preliminary calculations and
bearing in mind the very high value of ∆V required,
that an SI of over 3500 s is mandatory. This excluded
HETs from consideration and led to the conclusion
that a gridded ion thruster must be selected. In this
respect, the choice is wide, since the many designs
available can, in principle, all provide the SI and high

With an energetic launch, the injection errors could be
quite substantial in terms of the mass of propellant
required to correct for them, if the usual chemical
thrusters are employed. In the case of the Muses-C
launch, if a velocity error of 1% is assumed, together
with a 1° angular error, the ∆V needed for correction is
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propellant utilisation efficiency necessary to minimise
propellant mass. However, the choice was limited
somewhat by the likely power level of this particular
spacecraft, and was in the range 10 to 30 mN thrust,
although lower thrust devices could also be considered
with parallel operation.

Authority's Culham Laboratory [16,17]. More recent
work on the T5 thruster has included the Aerospace
Corporation in the USA [18], as well as these two
organisations. The overall result has been a basic
design giving high performance and unsurpassed
flexibility, coupled with long life.

Since the study was conducted by the team with
responsibility for the development of the T5 Kaufmantype gridded ion thruster [11], and this is
representative of the best performance available from
devices of this kind, it was chosen as the basis for the
assessments reported in this paper. However, it is
clear that any gridded thruster of similar capabilities
will also be adequate for the task; examples are the
RIT-10 radiofrequency ionisation thruster [13] and the
Mitsubishi thruster flown successfully on the ETS-VI
communications satellite [14].

Thruster operating principles
With reference to Figure 1, the propellant gas is fed
from the PSME into the cylindrical discharge chamber
via an axial hollow cathode and a distributor mounted
on the soft iron backplate. This gas is ionised in a DC
discharge between the cathode and a concentric
cylindrical anode. The efficiency of this process is
enhanced by the application of an azimuthally
symmetrical divergent magnetic field to the discharge
chamber, generated by six solenoids equispaced
around its periphery.

Of course, the IPS does not consist of the thruster
alone. It must be supplied with propellant gas at
accurately regulated flow rates from a propellant
supply and monitoring equipment (PSME), and with
appropriately controlled voltages and currents by a
power conditioning and control equipment (PCCE).
The latter incorporates a computer which controls the
operation of the thruster in response to demands from
the spacecraft, and which also passes performance data
to the on-board data handling system.

The magnetic field links two cylindrical polepieces,
the one at the backplate being of much smaller
diameter than that at the exit from the discharge
chamber. The tip of the inner polepiece surrounds a
non-magnetic baffle disc, which separates the hollow
cathode region (the coupling plasma) from the main
discharge plasma.
The design of these critical
components [16] is such that the primary electrons
from the cathode gain the correct amount of energy in
passing through the annular gap between this disc and
the polepiece to achieve optimum ionisation within the
discharge chamber.

This thruster, shown in schematic form in Figure 1,
follows the general principles laid down by Kaufman
[15], but also incorporate detailed knowledge acquired
during a collaborative research programme involving
the RAE/DERA(QinetiQ) and the UK Atomic Energy

The resulting highly ionised plasma drifts towards a
set of closely spaced, perforated grids at the
downstream end of the discharge chamber. The

Figure 1 – Schematic diagram of the T5 ion thruster.
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positive ions are extracted and accelerated to a very
high velocity by electric fields applied between these
grids [17].
This velocity, and thus the SI, is
determined totally by the applied potentials, and is
typically 30 to 50 km/s. The positive space charge of
the emerging ion beam is neutralised by electrons
emitted from an external hollow cathode.
The
neutraliser is fed with xenon at a very low flow rate, of
typically less than 0.04 mg/s, and a plasma is created
adjacent to its tip by a discharge between it and a
nearby 'keeper' electrode. Electrons are extracted from
this plasma to maintain the spacecraft at close to space
potential.
Since the discharge chamber and innermost grid, the
screen grid, operate at the potential through which the
ions are accelerated, VB , which can be in the range
1000 to 2500 V, a perforated earthed screen surrounds
the whole device to prevent electrons from the
neutraliser and from the space plasma being attracted
to the body of the thruster. In addition, ceramic
electrical isolators are provided in the gas feed lines to
the cathode and discharge chamber to permit the
PSME to operate at spacecraft potential.
Very careful design of the ion extraction and
acceleration process is essential to the efficient
operation of the thruster over long periods of time,
typically 10,000 hr. In Figure 1 three grids are shown,
but this configuration was adopted only after extensive
testing and analysis of both this and the twin-grid
alternative [19]. The grids operate in an 'accel/decel'
mode, in which the ions are first accelerated by the
potential (VB + Vac ) and are then decelerated by Vac,
where Vac is the potential applied to the second grid,
termed the 'accelerator' or accel grid. This scheme
enhances the ion throughput, there is good collimation
of the beam, and the negative potentials of the outer

two grids prevent back-streaming of electrons from the
external plasma.
In both configurations the neutralised ion beam,
coupled to the space plasma, acts as the zero potential
boundary.
The function of the third grid, the
'decelerator' or decel grid, is to reduce the damage
caused to the accel surfaces by ions produced by the
charge-exchange process. In this, an energetic ion
transfers its charge to a slow neutral atom, resulting in
a slow ion which can be attracted to either of these
negative grids, causing sputtering. Erosion by these
slow ions is one of the main life-limiting mechanisms
in the thruster [12].
The T5 thruster has now operated successfully in
space on ESA’s Artemis communications satellite as
part of the UK-10 IPS [21]. Intended for the northsouth station-keeping role, it has so far exhibited much
lower grid currents than anticipated, suggesting that
lifetime may be better than predicted, and a very low
rate of inter-grid arcs. Its operation has not adversely
affected the satellite’s ACS, confirming a very high
degree of thrust vector stability. A photograph of one
of the two flight thrusters is shown in Figure 2.
Special features
Although the T5 thruster is of the Kaufman type [15],
it exhibits three special features which provide
unsurpassed flexibility and a narrow ion beam
divergence. This flexibility is most readily seen in the
throttling range, which has reached 200:1 [20]. The
feature most evident from an external view is the
inward dishing of the grids, which is in the opposite
direction to that adopted for many similar thrusters.
Dishing ensures that the grids remain dimensionally
stable as the thruster warms up and over the
exceptionally wide throttling range. Since the screen

Figure 2 – Photograph of T5 flight thruster (Astrium UK Ltd copyright).

grid reaches a higher temperature than do the other
two, inward dishing causes the critical gap between the
screen and accel grids to widen during warm-up,
avoiding inter-grid arcs; with outward dishing, the gap
closes and arcs can then occur frequently. In addition,
inward dishing tends to focus the beam, giving a low
divergence.

Variation of the main flow rate and of the discharge
current provides coarse control of the thrust, which is
then adjusted precisely using the magnetic field [20].
In this way a very wide throttling range can be
achieved, while maintaining the electrical and
utilisation efficiencies at high values, except at the
lowest thrusts where the power and propellant
demands of the neutraliser dominate.

Also obvious externally is the use of solenoids, rather
than the permanent magnets seen on most other
designs. Although requiring an additional power
supply, they provide control of the plasma in the
discharge chamber in real time, thereby facilitating the
wide throttling range. They also permit the propellant
utilisation efficiency, ηm, defined as the proportion of
the propellant mass flow which is employed in
generating thrust, to be maintained at a high level
under almost all conditions. The use of separately
controllable flows to the cathode, discharge chamber
and neutraliser also aids in achieving this, as well as
allowing the discharge conditions of the cathode and
neutraliser to be independently regulated, thus
ensuring long life.

The PSME flown on the Artemis mission was
developed by Astrium UK. It consists of three parallel
paths, each containing a fast-response solenoid valve,
a plenum chamber and flow restrictors. These valves
are pulsed open at a constant rate, with pulse widths
determined by the control loops to provide the correct
flows of xenon to the thruster. The discharge initiation
process is aided by additional pulses of gas provided to
the cathode and neutraliser from start valves connected
directly to the 2 bar supply.
Although fully satisfactory for this application, this
PSME is relatively large and heavy, and the flow
stability is of the order of a few percent. It has now
been superceded by an analogue thermal flow control
device [22] which occupies much less volume and is
considerably lighter. It also incorporates thermal
flowmeters, thereby permitting real-time accurate
control of propellant flow rates to be achieved with
much improved time constants.

The PCCE and PSME
The power supplies forming the PCCE fall into three
groups: those at the thruster potential, which is
usually about 1100 V for the UK-10 IPS, those
referenced to spacecraft potential, which are mainly
associated with the neutraliser, and the beam supply
itself. Although the latter supply is voltage regulated,
current regulation is required for most of the others.
These are the cathode heaters, the keeper supplies, the
anode supply and the solenoid supply. Voltage
regulation is used in the case of the accel and decel
grid supplies, and for the high voltages necessary to
initiate the cathode and neutraliser discharges; these
are provided by auxiliary circuits within the keeper
supplies

Throttling
As mentioned previously, effective throttling, while
maintaining high efficiency, is necessary for any deep
space mission. The throttling characteristics of the
thruster in its engineering model form, designated
T4A, are summarised in Figure 3. For completeness,
the total range investigated experimentally is included,
although 25 mN is the maximum thrust which will be

In the PCCE developed and qualified by Astrium UK
for the Artemis mission, efficient pulse-width
modulated circuit principles are employed, with power
drawn from the regulated spacecraft bus. Control
signals are transmitted across the high voltage
interface using high accuracy, low drift transformercoupled circuits. These signals are used to regulate
such parameters as the discharge and keeper currents
and the main and cathode xenon flow rates.
The wide throttling range is accomplished by varying
only two electrical parameters, plus the main flow rate
of propellant to the discharge chamber.
These
parameters are the discharge and solenoid currents.

Figure 3 – Throttling characteristics of the T5 thruster.
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required for the mission considered here.
The
parameters plotted are ηm, thrust, T, electrical
efficiency, ηe, defined as the ratio of the power utilised
in accelerating the beam to the total supplied, the total
efficiency, ηT, defined as ηeηm, and the power-tothrust ratio. The thrust extends from below 1 mN to
more than 70 mN, with high efficiencies being
maintained over most of this range.

Spacecraft Design
The spacecraft design is consistent with the mass and
volume constraints of a launch as an Ariane-5
auxiliary payload. This employs the Ariane System
for Auxiliary Payloads (ASAP) facility provided on
this launcher, as used by the QinetiQ STRV satellites
[1] in 2000 (i.e. 600 × 700 × 725 mm and 120 kg).
The on-orbit configuration of the proposed spacecraft
is shown in Figure 4, which also includes the solar
array span.

Figure 5 - Close-up view of the underside of the
spacecraft (payload not shown).
which long life (~10,000 hours) can be guaranteed
is25 mN [12], although recent results from the Artemis
mission suggest that this is pessimistic. Although this
study suggests that the proposed mission can be
accomplished using the standard thruster, the new
carbon version is suggested as an alternative, since it
offers a lifetime of at least 15,000 hours and thus a
safety margin of 50%. It should also be noted that the
thruster durability increases rapidly with decrease of
thrust, so there should be no problem in achieving the
required life.
Assuming the Muses-C data, the transit time to Nereus
is 15 months, with an initial escape velocity of 4.3
km/s, and the thruster on-time, taking into account
coasting periods, is 5314 hours. To this must be added
about 4000 hours for the orbit-raising phase of the
mission, plus another 4000 hours to provide the initial
4.3 km/s, giving a total of 11 months. Thus the
minimum mission duration, if Nereus is accepted as
the target, becomes about 26 months. Of course, a
more accessible target, with the need for a lower ∆V,
will be reached more quickly.

13.2m

Figure 4 – Spacecraft configuration.

As indicated in the view of Figure 5, the spacecraft
is modular, with the IPS situated within the launcher
interface adapter. This arrangement is beneficial for
both the mounting location of the thruster and also to
limit the height of the spacecraft centre of mass above
the ASAP platform. The HGA is body-mounted and
located on the north face of the spacecraft. This
approach avoids the complexity, mass and cost of a
steering mechanism, but will necessitate the reorientation of the spacecraft for communications with
the Earth.

The masses of the separate components of the IPS can
be deduced largely from the Artemis programme [21].
Assuming a modest mass improvement by using
modern electronics, the total is 16.5 kg. To this must
be added about 1.5 kg for a gimbal mount and also the
mass of a propellant tank. The preferred tank is a
recent QinetiQ development which is a filamentwound toroid. Assuming that the ACS will also use
xenon (see below) and that it requires 4 kg, the total
propellant mass will be 30 kg. The single tank will
therefore weigh 4 kg and thus the total IPS hardware
mass will be 22 kg.

An exploded, cut-away view of the spacecraft is
shown in Figure 6, where all the onboard systems are
identified.

Spacecraft Systems

The T5 ion thruster is situated on the south face of the
spacecraft, inside the launcher interface ring and will
protrude through an allowable hole in the ASAP.

IPS characteristics
With a standard T5 thruster, the maximum thrust at
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Figure 6 - Exploded view of the spacecraft (payload not shown)
Positioning the thruster external to the spacecraft
structure alleviates the thermal dissipation problem of
the operating engine. The associated pipes and valves
for the fuel flow control are placed immediately
behind the thruster within the available volume
afforded by the toroidal tank.

type mechanism.
This type of panel is not new. As an example, it was
employed on the X4 spacecraft which flew in 1974
(Figure 7). However, using modern cell technologies
and structural materials, a 1-1.5 kW array can be
achieved for only 10 kg (without the deployment
mechanisms) and by using two 0.5 × 6.1 m wings
(assuming 25% efficiency triple-junction solar cells).
The stowed volume of each wing of the array is
limited to 200 × 100 × 725 mm.

Power generation and distribution
At 25 mN, the power consumption of the thruster is
about 670 W. Assuming an overall PCCE efficiency
of 87%, the input power to the IPS becomes 770 W.
To this must be added the power consumed by the
propellant feed system (20 W), giving a total of 790
W. Thus, a total array power of about 1 kW should be
adequate near the Earth. However, at the greatest
distances this could fall to only 250 W. Assuming a
housekeeping power requirement of 50 W, this leaves
200 W for the IPS. Taking into account the demands
of the auxiliary systems and the efficiency of the
PCCE, the thrust will be ~5 mN, which should be
adequate for rendezvous manoeuvres. If more thrust is
needed temporarily, battery power may be employed.

If 35% efficient cells are realised within the next few
years, the array size can be reduced. Alternatively, the
IPS thrust levels at rendezvous can be increased by a
larger array.

Flexible solar array technology is selected over rigid
panels since the stowed launch volume is highly
constrained. Such an array can be produced by the
lay-down of cells and tracks onto a Kapton blanket.
This can then be folded between the cells, like a
concertina, to produce a lightweight, low-volume
stowed panel. In between each fold is a “leaf” of
Kapton to protect the cells. The leaves remain
attached to the array stowage container as the panel is
deployed. Deployment is achieved using a bi-stem

Figure 7 - X4 solar panel construction.

10

The two solar array wings require to be driven around
their long axes to maintain orthogonal sun-pointing.
To minimise mass, the drive mechanisms could be
reduced to a single device which controls both wings.
Small, commercially-available drives weigh ~1.1 kg.

Data Handling Unit (DHU)
Ideally, a single DHU is required to perform all of the
spacecraft and payload functions, i.e. housekeeping,
autonomous navigation and control, operation of the
ion thruster, and operation of the payload.

To minimise mass and complexity, the power bus will
be unregulated, with each of the subsystem and
payload units possessing a DC-DC converter at their
inputs. Consequently, the power supply electronics
are simple and small. Furthermore, power switching
could be performed at the units by, for example, using
the inhibit lines on the converters, further reducing
size and complexity.

The housekeeping functions should be fairly minimal
and would include thermal control, data storage from
any instruments active during the cruise phase and
routine telemetry downloads to the ground station(s).
Navigation should not require excessive processing
power and would only be performed intermittently
(e.g. weekly). It will be based upon the principles
pioneered by DS-1 [2].

The battery would be lithium-ion to capitalise on the
high Whr/kg that this technology offers (a
performance of 150 Wh/kg should be readily
achievable [23]). The battery does not need to be of
particularly high capacity, as the only eclipses that
would be experienced would be during orbit-raising
from GTO, and the operation of the IPS would not
occur during these periods. It is determined that the
combined power electronics and battery could be
accommodated within 5 kg.

In large communication satellites that use IPS for orbit
control, the thrusters have a separate computer to
control their power conditioning. However, in the
present case it is anticipated that the DHU could also
perform all thruster control functions.
The ERC-32 (Sparc) processor is likely to be the best
candidate to meet these requirements.
It is
commercially available in a radiation-tolerant form.
An additional digital signal processor (DSP) could be
accommodated if required for the processing of
payload data. A number of DSPs are commerciallyavailable for space use. By analogy to other DHU
systems, a mass of 6 kg is allocated for this.

Structure and Thermal Control
Various options for the structure design are possible,
however the solution shown in the above figures
employs both CFRP struts and honeycomb panels. A
single toroidal filament-wound fuel tank is situated
around a central thrust/torsion cylinder, which also
houses the ion thruster. Subsystems and payload units
are attached to floors bonded above the tank, and
external shear walls carry the loads through to the
launcher interface ring. A greater use of struts would
be preferable to further reduce the mass of the
structure and this approach requires detailed study.

TT&C and Data Downlink
The frequency bands of choice are either at Ka- or Xband. In order to maintain a low cost approach to the
mission, it is assumed that the use of 35 m ground
antennas would be prohibitively expensive. The study
has therefore examined the feasibility of performing
the mission using a 12 m or 25 m antenna, such as
those available at QinetiQ and RAL in the UK.

A preliminary assessment of the structure suggests
that, although challenging, it should be achievable
within 12 kg. The mass of the housings for the various
subsystem units must also be minimised, or ideally
removed altogether, with the radiation protection being
provided by spot-shielding, as required.

It could be assumed that a system similar to that flown
very successfully on DS-1 [2] will be used. This
operated in Ka-band, and had a mass of 3 kg.
Allowing 5 kg for the HGA and cabling, the total is ~8
kg. However, it should be noted that, at X-band, the
latest microwave power module (MPM) technology
could be used. These are smaller and lighter than the
equivalent Ka-band system.

One issue that requires detailed consideration is the
method of removing the heat from the transmitter, the
PCCE and the ion thruster. Although the latter will
radiate most of this energy directly to space, a heat
shield may be required around its rear surfaces to
prevent heat from entering the spacecraft body.. An
additional 3 kg is allocated for heat shielding and other
thermal control purposes.

On the assumption of the use of an X-band system, a
data rate of 600 bps (assuming 2 AU from earth) can
be achieved using an MPM at 8.5 GHz, from a 0.5 m
spacecraft antenna into a 12 m receiving ground
antenna. The required 9.6 db margin (equivalent to a
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bit error rate of 1:105) is exceed by 1.7 db by the use
of standard coding techniques.

500 s, as compared to 200 s for an ammonia resistojet.
These devices have the important advantage of
requiring xenon as the propellant and can therefore be
operated from the single tank and the power
conditioning electronics provided for the main EP
thruster.

It is noted that the beamwidth of the HGA would be
<1° and would therefore require accurate Earthpointing. A small omni-directional antenna is also
situated near the thruster to allow for emergency
access to the spacecraft or for low-rate housekeeping
data to be downloaded.

However, short duration hollow cathode operation is
wasteful of both propellant and power, so it is
proposed that attitude control be accomplished by four
control moment gyros (CMGs) arranged in a
tetrahedron and providing redundancy against failure
of one wheel.
These gyros will be offloaded
periodically by the hollow cathode thrusters. This will
require a minimum of eight thrusters, with appropriate
redundancy. Degraded control could be accomplished
with six, still with redundancy, but would incur
significant fuel use and reorientation manoeuvres.
Eight hollow cathode thrusters are therefore selected.
The total mass is estimated to be 2 kg.

The transmitter power of 180 W of RF (requiring ~400
W of DC power) benefits from the large power
required for the IPS. A constraint on the mission is
that the transmitter is not operated whilst thrusting.
Clearly, the thermal control of this system requires
detailed analysis, but it should be feasible using a
small heat pipe system or capillary pump loop
technology and a small, non-deployed radiator panel.
A mass of 7 kg is assumed for the RF system.

Stability is provided through rotation of the CMGs.
The stability required will depend on the payload
selected; however at a range of 10 km, an estimated
pointing stability of 200 mrads-1 is considered
adequate.
Commercially available CMGs for
microsatellites that meet this requirement weigh ~1 kg.

Attitude and Orbit Determination and Control
The spacecraft requires 3-axis control during the two
primary mission activities. The first of these is to
point the velocity vector during the long ion thruster
operating periods, whilst maintaining the array axis
near-orthogonal to the sun-line. This requires only
low ACS rates due to the long orbital periods
involved, which are initially during transfer orbit
around apogee and the then around the sun following
Earth escape.

Navigation and Attitude Sensing
The spacecraft utilises digital sun and Earth sensors
and a star sensor for attitude determination. For
example, during orbit raising, use is made of microelectromechanical (MEMs) sun and Earth sensors in
order to determine attitude with minimal mass. A
number of these devices are currently in development
and weigh only 10s of grammes. The proposed star
tracker can be used during both orbit-raising and
cruise phases and, together with the DHU, provides an
autonomous navigation capability.

The second activity is to point the fixed antenna
towards the Earth, whilst maintaining the array axis
near-orthogonal to the sun-line.
To achieve the required pointing accuracy, DS-1 has
demonstrated [2] that the consumption of ACS
propellant can be minimised by vectoring the thrust of
an ion engine. Assuming that this will be possible in
the present case, a ∆V allowance [4] of 90 m/s should
be included for injection errors and 40 m/s for the
flight to the asteroid.

Owing to the large distances from Earth involved and
the need to minimise ground system costs, the star
sensor must operate in conjunction with an
autonomous control system. Excellent results from the
system flown on DS-1 [2], which included the
necessary computer and star catalogue, suggest that
this concept is entirely feasible. Indeed, this mission
showed that the system provides adequate accuracy to
achieve a close fly-by of an asteroid. En-route
accuracy of better than 400 km and 0.2 m/s was
achieved, and this improved to better than 3 km at the
encounter.

Although, for example, hydrazine or ammonia could
be considered as attitude control propellants, the major
drawback is the requirement for a second set of
propulsion equipment. This is not considered feasible
due to the severe mass and volume constraints.
However, recent developments of hollow cathodes as
miniature thrusters [24] suggest that relatively high
values of SI will be achievable, perhaps of the order of

The star sensor required need only be a very simple
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device to view the brightest stars. The sensor is
aligned near the array axis, which places the sun at 90°
to the sensor, avoiding blinding. This allows the
tracker to be small and reduces or removes the
requirement for a baffle around the head. As an
example, the star tracker used on the BMDO/NASA
Clementine mission [25] weighed only 0.6 kg, and
consumed 4.5 W.

complement has been identified in discussions with the
academic community. This consists of the following
instruments:
• Multispectral imaging camera. Based on the
SMART-1 camera [5], this is used to gather
information on the size, shape, spin, cratering history
and surface morphology of the asteroid and aids
composition diagnostics.

Orbit Determination and Control
Orbit determination whilst in Earth orbit will be by
standard spacecraft ranging through the transponder.
The orbit will be raised by use of the ion thruster,
principally at apogee with the aim of raising the
perigee. Lunar swingby will be used for the final
Earth escape, and Earth swingby as appropriate,
depending on the orbit of the target object. The IPS
will thrust throughout most of the transfer, as the
spacecraft spirals out towards rendezvous at a low
capture velocity.

• X-ray spectrometer and solar monitor. Again
based on the SMART-1 instrument, this would be used
to determine the absolute abundances of rock-forming
elements (e.g. silicon, iron and oxygen).
• Radio science. This provides gravity field and
mass distribution determination using the X-band
system.
• Magnetometer.
characterisation.

Mass Budget

Used

• Infra-red spectrometer.
mineralogy studies.

A summary of the spacecraft mass budget is given in
Table 3, in which the propellant mass shown is a
maximum value. If the selected target requires a lower
total ∆V than 9.9 km/s, this figure can be reduced and
the payload increased accordingly.

for

magnetic

field

To be used for surface

• Penetrator. To be used for in-situ composition,
electrical and strength studies during any landing
phase of the mission

Table 3. Spacecraft mass budget.

Table 4. Payload mass and power budget.

Spacecraft System
Mass (kg)
MEMs sun sensor
1
Star tracker
1
Propellant tank
4
Station-keeping thrusters
2
T5, electronics, tanks, valves, pipes
18
Power distribution unit and battery
5
Solar array and mechanisms
15
DHU
6
RF system
7
Structure and thermal control
15
Gyro pack
1
Harness, fixtures and fittings
3
Dry platform total
78
Fuel mass
30
Wet platform total
108
Payload available
12
SPACECRAFT LAUNCH TOTAL
120

Experiment
Multispectral camera
X-ray spectrometer
Radio science
Magnetometer
IR spectrometer
Penetrator
Total

Mass (kg)
2
3
0
0.5
6
0.5
12

Power (W)
5
15
0
1
5
1
27

Conclusions
This study has aimed to minimise the size and mass of
an interplanetary mission to an asteroid, with Nereus
selected for illustrative purposes. The total mass of
the proposed spacecraft, with a 1kW capability at the
beginning-of-life, is within the Ariane-5 auxiliary
launch requirement of 120kg. Without exceeding this
mass, it should be possible to rendezvous with the
target asteroid within a mission duration not exceeding
2.5 years, and to deliver there a modest but highly
capable scientific payload. Thus, an interplanetary
spacecraft that benefits from a very low cost launch
arrangement appears to be feasible.

Payload
From the mass budget, the payload mass is assumed to
be 12 kg. Within this constraint, a “core” payload
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[13] Bassner, H F, Berg, H-P and Kukies, R, "Status of
the testing programs of the RF-ion thruster RIT-10", AIAA
Paper 91-1889, (1991).

This proposed “all electric” mission capitalises on
several new technologies, including the carbon T5
gridded ion thruster, hollow cathode thrusters, high
efficiency solar cells and compact avionics. However,
it is possible only by utilising the high specific impulse
capabilities of the ion thruster, since a value of well in
excess of 3000 s is needed for success.

[14] Nagama, D, "Development of the ion propulsion
system for ETS-VI", Proc Intelsat Symposium on Electric
Propulsion, Sacramento, 28 June 1991.
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