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Abstract: This paper briefly summarizes the Japanese activities in the electric
propulsion including ongoing space mission, flight system developments and basic researches.
The microwave discharge ion engines μ10s have just succeeded HAYABUSA spacecraft to
rendezvous Asteroid Itokawa. The development program of a 250mN Hall thruster was
started for operational satellites.
I.

J

Introduction

APANESE electric propulsion is expanding in the space under promotion of the space agency. On the ground the
next-generation high-power thruster is under development in the aerospace company. Academic is active to
research and develop the electric propulsion. This paper is a digest on the Japanese activities on the electric
propulsion. Each topic is described in individual paper submitted in IEPC 2005.

II.

Space Program

A. HAYBUSA Asteroid Explorer
The asteroid explorer HAYABUSA was launched into the deep space by M-V rocket on May 2003 from
Kagoshima Space Center. Table 2-1-1 summarizes the characteristics of HAYABUSA spacecraft and Figure 2-1-1
represents its configuration deploying a pair of the solar cell paddle. It will execute a round trip space mission
between Earth and the asteroid Itokawa propelled by four microwave discharge ion engines μ10s, which feature the
electrode-less plasma generation with long life and high reliability. A single μ10 in space was evaluated the thrust
8mN, the specific impulse 3,200 seconds and the thrust power ratio 23mN/kW. Figure 2-1-2 shows the relative
position of HAYABUSA spacecraft in the rotational coordinate system, where Sun is located at the original point
and Earth on the horizontal axis. In the first year the spacecraft stayed in the one-year Earth synchronous orbit and
changed the eccentricity of the orbit by the IES (Ion Engine System) maneuver. The purpose of this space operation
is to accumulate the relative velocity against Earth, which is converted to the orbital energy at the moment of the
Earth swing-by. IES passed through a severe thermal condition at the perihelion 0.86AU from Sun in February 2004
and succeeded HAYABUSA spacecraft fly-by Earth in May 2004. At the moment the spacecraft accelerated about
4km/s in the inertial coordinated system by means of Earth swing-by. On the transfer orbit the enlargement of solar
distance gradually reduced power generation from the solar paddles and had IES throttled down as seen in Fig.2-1-3,
where four curves mean thrust, electric power for IES, total power consumed in the spacecraft and capability of the
solar paddles respectively from the bottom. In February 2005 it arrived at the aphelion 1.7AU from Sun so that IES
is the electric propulsion to reach farthest space in the both inward and outward solar system. On August 28, 2005
HAYABUSA reached a position 4,800km apart from Itokawa and accomplished the outward journey by the
combination of the EPdeltaVEGA (Electric Propelled deltaV Earth Gravity Assist) orbit transfer scheme and the
microwave discharge ion engines. The total numbers of operational time reached 25,800 hours and generated
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Table 2-1-1 Summary on HAYABUSA spacecraft.
====================================================================================
Launch weight:
510kg including fuel 67kg and propellant 66kg
Attitude Control:
Three-axis stabilization, Reaction wheels x 3
Communication:
X band, 8kbps max.
Solar Cell Paddle:
Triple-junction cells, 2.6kW at 1AU
Chemical Thruster: Bi-propellant thrusters x 12, 20N thrust, 290s Isp
Electric Propulsion: Microwave discharge ion engines μ10 x 4, 8mN thrust, 3,200s Isp
Thermal Control:
CPU-controlled replacement heater, Variable  liquid-crystal radiator,
High-conductivity super graphite, Loop heat pipe
Payloads:
Telescope Cameras, Near Infra-red Spectrometer, X-ray Induced Fluorescence Spectrometer,
Laser Altitude-meter, Small Landing Robot, Sampling Mechanism, Reentry Capsule
====================================================================================

Fig.2-1-1 Configuration of HAYABUSA spacecraft.

Fig. 2-1-2 Orbit of HAYABUSA in rotational coordinate system.
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1,400m/s delta-V consuming 22kg propellant. One of four μ10s marked 10,400 hours as the longest accumulated
operational time. HAYABUSA arrived at and kept the station point 20km above the asteroid using the bi-propellant
thrusters and sent the fine views as seen in Fig.2-1-4. The ion engines μ10 demonstrated the powered flight in deep
space and succeeded the Earth fly-by and the asteroid rendezvous. That is the historical event in the technology of
the electric propulsion and the deep space exploration. After the proximity operation around the asteroid
HAYBUSA will start the homeward journey using IES.

Fig.2-1-3 Throttling operation of IES from Earth
swing-by

Fig.2-1-4 Itokawa taken by HAYABUSA’s onboard
camera from the station point at a height of 20km.

B. Engineering Test Satellite-VIII
Japan Aerospace Exploration Agency (JAXA) develops the Engineering Test Satellite VIII (ETS-VIII), which is
being tested on Proto Flight Test and scheduled to launch in 2006. The large-scale geosynchronous satellite has a
large-scale Deployable Reflector and the 20mN class xenon ion engine subsystem for NSSK as shown in Fig. 2-2-1.
The mission lifetime is 10 years. The ion engine subsystem has the specification and configuration as shown in
Table 2-2-1 and Fig. 2-2-2, respectively. The ion thruster generates thrust by supplying the electrical power from
Power-Processing unit (PPU) and regulated xenon flow from Propellant managing unit and Flow Control Module.
Mechanical gimbal adjusts the thrust vector to the center of mass. Latching valves of PMU and stepping motors of
the gimbal are supplied electrical power from Ion engine driver (IED). All components of the subsystem are
controlled by the Ion Engine Controller (IEC), which also communicates with the satellite computer. The
photographs of some components are shown in Fig. 2-2-3.

Fig.2-2-1 Engineering Test Satellite VIII.

Fig.2-2-2 Xenon Ion Engine Subsystem Block diagram.
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Table 2-2-1 Xenon Ion Engine Subsystem specification.
Kaufman-type
xenon
ion
Thrust Method
thrusters
One
north
thruster
at
Operation
ascending node and one south
configurations
thruster at descending node
Average
Thrust Over 20mN
from BOL to EOL
Average Isp from Over 2,200sec
BOL to EOL
96kg
Weight
Total Impulse
1.15106 Nsec
Total
Operation 16,000hours
Time
(with average thrust of 20mN)
Total Number of 3,000cycles
Firing

IEC

PPU
IED
ITU(Ion Thruster Unit)
Fig.2-2-3 Some components of the ion engine subsystem.

C. Wideband Inernetworking engineering test and Demonstration Satellite
WIND is a Ka-band communications satellite to demonstrate the international fixed wireless network under “eJapan Strategy” of Japanese government. WINDS has two outstanding features. One is the high speed satellite
communications ability with 155Mbps down-link using USAT(0.45m diameter) and duplex line 1.2Gbps. Another is
wide service area of the Asian Pacific using an active phased array antenna. WINDS will be launched in FY2007 by
an H-IIA launch vehicle and will be used for on-orbit experiment in GEO. The satellite of launch mass 4,850kg will
be stabilized in three axes. The solar paddles will generate 5.2kW power at the summer solstice of EOL using
Japanese three junction solar cells. Figure 2-3-1 shows an artist image of WINDS on orbit. The propulsion subsystem consists of the following components;

Fig.2-3-1 WINDS spacecraft

Fig.2-3-2 DC arcjet thruster

4
The 29th International Electric Propulsion Conference, Princeton University,
October 31 – November 4, 2005

450N bipropellant apogee kick engine
20N monopropellant thruster for attitude control during AKE firing
4N monopropellant thrusters for attitude and E/W control
Arcjet thrusters for N/S control
The arcjet thrusters, seen in Fig.2-3-2, are dedicated to the N/S control saving propellant consumption due to high
Isp around 500s and consuming 1.8kW electricity supplied from the solar paddles and battery.

III.

Development Program

A. 200mN Hall Thruster developed by Mitsubishi Electric Corporation (MELCO)
MELCO participates in the project to develop the high power electric propulsion for the next generation satellite
systems under the contract of Institute for Unmanned Space Experiment Free Flyer (USEF) and Ministry of
Economy, Trade and Industry (METI) in five years from 2003. The final target specification is that the thrust level is
over 250mN, Isp is over 1,500s under supplying the electric power of 5kW and the lifetime is over 3,000 hours.
Considering the lower electric power budget and higher thrust requirement of a commercial satellite, the
development on a Hall thruster subsystem was started from 2003. The development items are a thruster and powerprocessing unit (PPU) as shown in Figs. 3-1-1 and 3-1-2, respectively. The development model (DM) thruster with
ceramic channel, manufactured in 2004, showed the thrust level of 256mN, the Isp of 1,670s under the thruster input
power of 4.91kW. The matching test of both the thruster and PPU DM results in good operation. The photograph of
the thruster in operation is seen in Fig. 3-1-3. Figure 3-1-4 shows the characteristics of thrust on input power. In
2005, the engineering model (EM) thruster and PPU are designed, manufactured, and evaluated for practical
application before life test.

Fig.3-1-1 DM Thruster head

Fig.3-1-2 PPU DM

Fig.3-1-3 Operation of DM thruster
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Fig. 3-1-4 Thrust-Power characteristics on 250mN Hall thruster.
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Also, MELCO has been engaged in the development and operation of Data Relay Test Satellite (DRTS) under
the contract of JAXA. As a propulsion system for NSSK, 1.6kW class DC Arcjet System of AEROJET has been
used and successfully operated the firing of over 300 starts and the total operation time of over 130 hours on orbit
since the launch in September of 2002.
B. 150-mN-Class Ion Engine developed in JAXA Chofu
A 35-cm-diameter ion engine (Fig. 3-2-1) has achieved sufficiently high performance. It operates at a specific
impulse of 3,400 s for the beam voltage of 1030 V, and at an ion production cost under 140 W/A. Up to 200-mN
thrust was demonstrated (Table 3-2-1). About 25 mN was the largest thrust ever produced by ion engine systems in
Japan-made flight models. Thus, the thrust of the 35-cm ion engine is eight times as large. It is one of the highestefficiency thrusters in the world. Current efforts are directed to thruster-endurance improvements, power conditioner
developments, and improvements of the test facility for thruster endurance tests. For the thruster-endurance
improvement, we fabricated main hollow cathodes with the orifice plate made of graphite to prevent changes in
cathode performance due to orifice-plate erosion. This has brought effectively no lifetime limitations of the cathode
due to erosion. Characteristics of the neutralizer were obtained in the condition of being installed in the thruster. A
lab-model power-processing unit was fabricated, and research is under way to mitigate electromagnetic interference
caused by the power-processing unit. The ion target in the vacuum chamber of the test facility was covered with C/C
composite plates, and this made significant reduction in back sputtering.

Thrust

Isp

Thruster Ion prod.
eff.
cost

Beam
current

Input
power

mN

s

%

W/A

A

kW

81

3440

74.5

132

1.54

1.83

151

3480

76.7

117

2.88

3.36

181

3490

77.2

115

3.45

4.00

201

3490

77.5

110

3.84

4.45

210

3500

77.7

110

4.00

4.64

Table 3-2-1 Typical performance of 150-mN thruster.

Fig. 3-2-1 Photo of 150-mN thruster.

An experimental study was conducted on field-emission cathodes (FEC) for electrodynamic tether (EDT)
propulsion. The EDT is planned to apply to space-debris-disposal systems (Fig. 3-2-2), in which post-mission
satellites would be de-orbited by the drag force of EDT. One of the key components is an electron emitter. We have
adopted carbon nanotube field-emission cathodes because of their simplicity. Trial fabrication of emitters was
conducted, and we tested them in diode mode. At present, we have started designing of FEC including gate
electrodes to extract electrons into space. In addition, we conducted a numerical simulation to determine optimal
electrode configurations. Experimental results showed that this electrode design gave smooth electron extraction.
However, we need further work on emitter fabrication and electrode assembling, particularly on the improvement in
emitter lifetime.

Fig. 3-2-2 Concept of EDT for space debris disposal
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IV.

Academic Reserach

A. Tohoku University
1. HITOP device and MPDT with magnetic Laval nozzle
In the department of Electrical Engineering in Tohoku University, a high power magneto-plasma-dynamic
thruster (MPDT) operated with a magnetic nozzle has been investigated in detail. Experiments are performed in the
HITOP device shown in Fig.4-1-1, which consists of a large cylindrical vacuum chamber (diameter D=0.8m, length
L=3.3m) and 17 magnetic coils. An MPDT is operated quasi-steadily (1ms) with He gas as a propellant. The
discharge current can be applied up to 10kA with a typical arc voltage of 200V. Plasma flow characteristics
produced by an MPDT have been measured in various shapes of a magnetic field configuration by use of a
spectrometer, Mach probes, and magnetic/electric probes. An ion-acoustic Mach number Mi of the plasma flow is
measured by Mach probes and found that it is limited to be unity in a uniform magnetic field and increased up to
almost 3 in a gradually divergent magnetic nozzle. When a magnetic Laval nozzle is attached near the MPDT outlet
as shown in Fig.4-1-2, the thermal energy could successfully convert to the flow energy. The Mach number
increases from below unity (subsonic) to above unity (supersonic) by the magnetic Laval nozzle. The results are
compared with the one-dimensional isentropic model. A conclusion section is not required, though it is preferred.
Although a conclusion may review the main points of the paper, do not replicate the abstract as the conclusion. A
conclusion might elaborate on the importance of the work or suggest applications and extensions.

to spectrometer
lens

Laval nozzle
coil
Plasm a

MPDA

Fig. 4-1-1 Schematic view of HITOP device.

Fig. 4-1-2 Magnetic Laval nozzle installed near MPDT.

2. Lorentz Force measurement in an applied-field MPDT
Spatial profiles of magnetic field and current flowing in an MPDT plasma are directly measured by magnetic
probes so that 3D mapping of Lorentz force acting on the plasma can be evaluated. When a uniform external
magnetic field configuration is applied externally, it is deformed by a strong diamagnetic effect near the MPDT
outlet and a converging magnetic nozzle configuration is formed. It is found that an axial Lorentz force decelerates
a plasma in the converging region of magnetic field. The deceleration force can be converted to acceleration one
when a diverging magnetic field is applied externally. It indicates that an electromagnetic force can be controlled by
adjusting an externally-applied magnetic field configuration. The Laval-nozzle shape should be optimized in order
to realize an efficient plasma acceleration.
3. ICRH and magnetic nozzle acceleration for an advanced thruster
Experiments of both ion cyclotron resonance heating (ICRH) and acceleration in a magnetic nozzle are also
performed. This research is related to the VASIMR thruster developing in NASA. When ICRF (ion-cyclotron-range
of frequency) waves are excited by a helically-wound antenna, plasma thermal energy W and ion temperature Ti
drastically increase during the RF pulse as shown in Fig. 4-1-3. This large increase is observed under the low density
condition, where a ratio of ion cyclotron frequency to ion-ion collision one becomes high. The resonance magnetic
field is affected by the Doppler shift due to the fast-flowing plasma. Ion acceleration along the field line is also
observed in a diverging magnetic nozzle. Perpendicular component to the magnetic field of ion energy decreases,
whereas parallel component increases along the diverging magnetic field.
7
The 29th International Electric Propulsion Conference, Princeton University,
October 31 – November 4, 2005

m
e
Jg
,r 2 (a)
a
yh
gc 1
rs
ei
nD 0
3
- e
0.06 (b)
l
a0.04
m
r 0.02
e
h 00
T

RF on

RF ON
RF OFF

W



W
0.5

1

1.5

2

Time ,ms

Fig. 4-1-3 Time evolutions of (a) Id and (b) W . fRF=236kHz.

4. Laser propulsion
Laser propulsion studies are conducted primarily focusing on the performance characteristics and impulse
generation mechanisms of the laser-driven, in-tube accelerator, see Fig. 4-1-4. As well as conducting vertical launch
operations (Fig. 4-1-5), the visualization of the laser-induced plasma and blast wave are being conducted.

Fig. 4-1-4 Schematic illustration of laser-driven
principle.

Fig. 4-1-5 Vertical launch experiment in-tube accelerator operation.

Fig. 4-1-6 Schlieren images of laser-induced plasma and blast wave
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B. Tokai University
1. Microfabrication of Micro-Arcjet Nozzle
The objective of this study is microfabrication of microarcjet nozzles with Fifth-harmonic generation Nd:YAG
pulses. Investigations of the conditions for stable operation at less than 10 watts and evaluation of thrust
performances were carried out with the newly developed thruster. Investigation of the fundamentals of discharge
characteristics and the performance of the very low power DC microarcjets was also conducted to ascertain the
effective operational conditions which possibly results in higher thrust performance. We have investigated the
conditions for stable operation and diagnostics of an internal flow of the arcjets, temperature measurements of
plasma in a discharge chamber. Also, thrust performance, such as thrust, specific impulse and thrust efficiency of a
very low-power arcjet, was evaluated.
In microfabrication of an arcjet-nozzle, an ultra-violet short-pulse laser with the pulse duration of ~ 5 nsec was
utilized to minimize thermal influences of the laser pulse. As the ultra-violet laser beam oscillator, a fifth harmonic
generation wave (Fifth-HG: l = 213 nm) of a Q-switched Nd:YAG laser (NEW WAVE RESERCH, Tempest-10)
was used. For micromachining of nozzles, an X-Y stage was utilized to scan focused laser beams, on which a
workpiece was attached. Motion of the X-Y stage was controlled with a PC and a stage controller. Fig.4-2-1 shows a
SEM image of a sapphire micro-nozzle.

Fig. 4-2-1 SEM image of a micro-nozzle.

Fig. 4-2-3 Photo and schematic of micro-arcjet.

Fig. 4-2-2 Schematic of a micro-arcjet nozzle.

Fig. 4-2-4 Photo of a micro-arcjet in operation.

Figure 4-2-2 shows a schematic illustration of a micro-arcjet nozzle machined in a 1.2 mm thick quartz plate. For
an anode, a thin film of Au (~ 100 nm thick) was deposited by DC discharge PVD in vacuum on divergent part of
the nozzle. As for a cathode, an Au film was also coated on inner wall (Fig.4-2-3). In all the tests, nitrogen gas was
used as a propellant. A photo of discharging plasma plumes exhausted from a micro-arcjet nozzle is shown in Fig.42-4. A stable discharge was observed for mass flow of 1.0 mg/sec, discharge current of 6 mA, discharge voltage of
600 V, or 3.6 W input power. In this case, plenum pressure of the discharge chamber was 80 kPa.
Thrust performances of this case operation were also conducted. With 3.6 W input power, thrust could be
increased up to 1.4 mN giving specific impulse of 138 sec. Thrust efficiency in this case is 24 %.
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C. Tokyo Metropolitan University (former Tokyo Metropolitan Institute of Technology)
1. PPT R&D for small satellite
Tokyo Metropolitan University (TMU) has been conducting the Pulsed Plasma Thruster (PPT) R&D. The
purpose of this R&D is the application to the small satellite (20-50kg class) in order to evaluate the feasibility of
precise attitude/orbit control, and precise station keeping such as formation flight. The features of this parallel plate
rectangular PPT are the smallest, light-weight and low power consumption propulsion device for the small satellite.
Following this small high specific impulse/low impulse bit electromagnetic type PPT R&D, considering the
increasing demands for small propulsion system such as orbit insertion/transfer for space-debris removal, in TMU,
an attempt in order to expand the range of the impulse bit/specific impulse, has been started, using the coaxial PPT
(electrothermal type).
As a result of this attempt as shown in Figs. 4-3-1 and 4-3-2, a significant increase of impulse bit was confirmed,
moreover, a wide range of impulse bit from 3 μNs to several mNs was achieved by changing only the charge voltage
with the same capacitance. Furthermore, the various performances (high specific impulse with small impulse bit or
large impulse bit with low specific impulse) were achieved by the series of these parallel plate PPT and coaxial PPT
with the almost same dimensions (less than A5 paper size), small power consumption (approximately 10 W) and
light structure mass (less than 2 kg).

Fig. 4-3-1 Achieved Thruster Performance Range
in TMIT Lab.

Fig. 4-3-2 Map of Impulse Bit and Specific Impulse in
Coaxial PPT at 10 J with Discharge Chamber Aspect
Ratio

2. Discharge Plasma Application for Hydrazine Decomposition
Monopropellant catalytic hydrazine thruster is applied to many spacecraft propulsion systems. Frequently, the
lifetime and reliability of this chemical thruster are restricted by the degradation of catalyst. For example,
particulates of catalyst cause failure of thruster by jamming injector orifices. Also such characteristics make the
ground validation test difficult. In this study, we propose the utilization of the low power discharge plasma to assist

Fig. 4-3-3 Pressure and Temperature Response by Pulsed Discharge Plasma in Hydrazine Gaseous Atmosphere.
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decomposition of hydrazine in order to overcome the problems concerned with catalyst. It has been known that
the activity of discharge plasma is high enough to induce various chemical reactions. In order to demonstrate that
discharge plasma initiates and sustains decomposition of hydrazine, we conducted a preliminary experiment with
a bucket type reaction chamber. As a discharge plasma source, pulse or stationary AC discharge was employed.
When the plasma was generated in the reaction chamber filled with gaseous hydrazine, the temperature and the
pressure were increased immediately. These results indicate that it is worthwhile applying the discharge plasma
to the hydrazine thruster system.
3. Experimental/Analytical Study on PPT, Electrodynamic Tether and Ion Thruster
At the same time with the PPT R&D, the researches on the PPT ablation, electromagnetic/electrothermal
acceleration mechanism are carrying out. Experimental results on the effects of discharge energy density and the
rectangular/coaxial electrode configuration on the specific impulse and impulse bit are to be presented in this
conference. And the evaluations of electrodynamic tether system using the hollow cathode/bare tether, have been
carrying on. To understand the contacting process with simulated space plasma enables various applications of
electrodynamic tether system such as orbit raising, de-orbit for debris removal (for example: second stage of booster
rocket), station keeping and power generator. Moreover, fundamental studies on ion thruster / hollow cathode and
micro-thruster using laser ablation are also keeping on.
D. ISAS/JAXA
1. 20cm Diameter Microwave Discharge Ion Thruster 20
In order to adapt to a wide variety of the space flights as well as advance the technology of the ion engine, the
“20” is under research and development. The “20” has a 20cm diameter grid and aims to achieve 30mN/kW
thrust power ratio. The ion source with a microwave antenna can generate 500mA ion current consuming 100W
4.25GHz microwave power. The 20cm diameter grid assembly made of a high stiffness carbon-carbon composite
material was machined and passed the vibration test. Magnetic field and propellant injection method of the ion
source has been optimized. The performance is highly dependent on the propellant injection method as shown in Fig.
4-4-1. The same neutralizer as 10 can be used more efficiently with small addition of propellant and microwave
power. Increase of propellant utilization efficiency by reducing the gas leak from the optics central region and
decrease of ion production cost by reducing microwave reverse power are the future work.
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2. High Specific Impulse Ion Thruster
A solar power sail project has been proposed by ISAS/JAXA as a deep space probe to Jupiter. This sail traps
solar photons as a solar sail and generates electric power as a solar power generator, that is, the solar power sail is an
ion/photon hybrid propulsion system. In this project, an ion thruster with high specific impulse of over 10,000s is
appropriate for the electric propulsion, judging from the system investigation. A high specific impulse ion thruster
derived from the HAYABUSA μ10 ion thruster (μ10-Hisp) is proposed due to two reasons: long durability test
qualification and C/C grid material with almost zero thermal expansion coefficient.
For the development of μ10-Hisp, its grid geometry design and the feasibility experimental research have been
performed in National Defense Academy. The grid geometry has been designed with “igx” three-dimensional ion
optics simulation code, based on the plasma production performance of μ10. Figure 4-4-2 shows the photograph of
seven holes C/C grid thruster with beam extraction by each grid hole. Moreover, Figure 4-4-3 indicates the
acceleration grid current ratio against the normalized perveance per hole, and implies that the experimental data is in
good agree with the simulated data. Since it was confirmed that the voltage of over 12kV can be applied to the grid
system without the breakdown phenomenon and the direct impinged current to the acceleration grid, it seems that
the design of grid geometry and the adoption of C/C material to the grid is fair.
In present status, the C/C grid system with the above designed geometry, a high voltage gas isolator and a DC
block for the direct current isolation on the microwave power lines are assembled in the μ10 ion thruster as the μ10Hisp. The performance of μ10-Hisp will be reported in near future.
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3. Magnetoplasma Sail
A magnetic sail (MagSail) is a unique propulsion system, which travels through interplanetary space by
capturing the energy of the solar wind. The original MagSail proposed by Zubrin requires an unrealistic spacecraft
design with a large hoop coil of 100 km in radius to achieve 1 N-class thrust, hence the idea did not draw much
attention so far. In 2001, however, the idea of the MagSail received a renewed interest when Winglee proposed
Mini-Magnetospheric Plasma Propulsion (M2P2) concept, which inflates a weak original magnetic field made by a
small coil of about 0.1 m in diameter with an assistance of a high-density plasma jet. Although the feasibility of this
compact M2P2 is denied by several researchers, we revised and improved the M2P2 design by enlarging the coil to
moderate sizes of about 10 m in diameter, in combination with a properly tuned high-density plasma source to
optimize thrust performance. From our theoretical estimations, momentum transfer from the solar wind to a
spacecraft with a coil is large enough if the plasma source is operated to inflate only the magnetic field away from
the spacecraft. We call such a revised system, a Magnetoplasma Sail (MPS).
Design of a 1000-kg-class spacecraft is discussed in the case of the missions exploring outer planets in the solar
system. A spacecraft propelled by the MPS system depends on several new technologies: 1) 10-m-diameter
superconducting coil (strong magnetic field as much as 1 T at the surface of the coil).; 2) the coil may be initiated by
a power source being operated in a pulse mode with current control, which will be developed based on Li-Ion
battery technology.; 3) once the superconducting coil is initiated, the power requirement is limited to the thermal
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management of the coil. However, the electric power for the thermal control is very large, hence technical challenge
is required to keep the superconducting coil in operation because we have to suppress the electric power and the
structural weight to establish performance competitiveness of the MPS system against other propulsion options.; and
4) a high-density highly-ionized plasma source such as an MPD arcjet is required to efficiently inflate the magnetic
field. Such a plasma source is still under survey. These technical challenges are now being solved step by step,
starting from some feasibility studies followed by ground experiments to characterize a scaled-down system of the
MPS spacecraft. Figure 4-4-4 shows a MagSaiol simulator in preliminary operation, in which a high-density plasma
jet form an MPD arcjet (simulating the solar wind) is incident on a small coil (which corresponds to a coil of
MagSail spacecraft).

Fig. 4-4-4 Operation of Dwon-scaled Magsail (right small coil) in hydrogen plasma jet from MPD solar wind
simulator (left)
4. Magnetoplasmadynamic Arcjet
To improve the thrust performance of self-field MPD thrusters, ISAS is working on optimization of the MPD
thrusters. Experimental optimization of the discharge chamber geometry was executed on the coaxial quasi-steady
thrusters’ performance. Also, a new MHD code is being developed to evaluate the performance characteristics of the
MPD thrusters up to high power levels, incorporating multiple ionization processes of argon propellant. The new
code can clearly and stably simulate the plasma flow field, hence the energy balance, a transition from an
electrothermal mode to an electromagnetic mode, and operational limits of the MPD thruster at high powers (socalled onset) can be deeply discussed and the results will be used to appropriately design the MPD thrusters.
E. Shizuoka University
1. Studies on Interactions Between Exhausted Ions from Electric Propulsion and Particles in Upper Atmosphere.
The ions exhausted from electric propulsions have very high energies compared with the ions in the
plasmasphere. If we operate electric propulsions near the earth frequently in the future space developments, there is
a possibility that the exhausted ions from electric propulsions impacts on the environment in the plasmasphere. In
the preceding study, we showed that the exhausted ions from ion thrusters was trapped by the geomagnetic field
because the quasi-neutrality of exhausted beam was broken at a few tens km from the exit of thruster and the energy
of ions transferred to the circumferential particles through collisions. We are now analyzing the influences of
exhausted beam ions from ion thrusters on Earth’s environments and communications by the detailed modeling of
the exhausted ions’ and electrons’ motions and the energy exchange processes between exhausted ions and electrons
and the circumferential particles. The initial analytical results shows that the density distribution of plasma
components near the earth will change locally by the energy input of ions trapped by the geomagnetic filed if the
large scale operation of ion thrusters is performed (Fig. 4-5-1), but their influences on earth’s environments will be
small compared with those of the natural phenomena such as magnetic storm. However, the influence on GPS
communications will be large and the spacecraft charging will be progressed. In addition, we also study the
possibility of the application of exhausted ions to analyzing the density of upper atmosphere to using the ENA
(Energetic Neutral Atoms) originated by the reciprocal reactions between exhausted ions and circumferential
particles.
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Fig. 4-5-1 Analytical result of electron density distribution in the plasmasphere in the altitude and north
directions after the transportation of 20,000 ton payload from LEO to GEO by ion thrusters. (The electron density
becomes very high near the equatorial plane.)
2. Studies on Electrodynamic Tethers
The performances of the electrodynamic tether orbit transfer system and the deorbit system are analytically
studied with the tether dynamics and the modeling of the contactors. The initial analysis shows that the
electrodynamic tether can reduce the system mass compared with the conventional ion thruster for the orbit transfer
until the altitudes of 6000 – 8000 km. The analysis 5 also shows that the electrodynamic tether can be applied to the
deorbit of debris on the elliptical orbit, but the unstable motion will be occurred at some situations on the elliptical
orbit. The control method to stabilizing the tether motion is analyzed at present.6 In addition, we are studying the
hybrid tether transfer system in which the electrodynamic tether is used as the orbit restoration system of rotational
momentum tether orbit transfer system.
F. Osaka University
1. Low Power Hall Thruster Experiments (IEPC05-015)
The effects of channel wall material on Hall thruster performance and on plasma characteristics were investigated.
A laboratory-model Hall thruster THT-III was operated with three channel wall materials of BN, BNSiN and
BNAlN. Both the discharge current and the thrust were affected by the nature of the channel wall materials. The
measured axial distributions of wall and plasma potentials, radial and axial electron temperatures, and electron
number density near the channel walls showed that the wall material affected ionization region and ion wall loss in
the channel, resulting from secondary electron emission, although ion acceleration region was determined by the
axial distribution of radial magnetic field. The difference in discharge current between channel wall materials was
considered to be caused by the difference in axial current density near the inner channel wall, depending on
secondary electron emission.
2. Cylindrical Hall Thruster R&D for Small Satellites (IEPC05-051)
Plume measurements of Hall thruster with circular cross-sectional discharge chamber, named TCHT-2 were
carried out. Ion current density measurement of TCHT-2 showed that the plume divergent angle was not sensitive to
mass flow rate, and that the propellant utilization decreased as the mass flow rate decreased. Ion energy
measurement using RPA indicated that the efficiency of acceleration decreases at low mass flow rate. From the
electron temperature and plasma potential inside discharge chamber obtained by double probe, the
ionization/acceleration region is located at which strong radial magnetic field exists. The miniature Hall thruster
TCHT-3A showed that thrust performance declined with scaling down by increase of ion loss. By applying strong
radial magnetic field at the downstream region, miniature Hall thruster TCHT-3B achieved higher thrust
performance than TCHT-3A did at low power level.
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3. 1-kW class Anode-layer Hall Thruster R&D (IEPC05-020)
Performance enhancement of a 1-kW class anode-layer Hall thruster was attempted in accordance with the
hypothesis obtained from previous study. In this study, a new laboratory-model 1-kW class anode-layer thruster,
TALT-2, which could change the axial distribution of radial magnetic field strength in the thruster by using
magnetic shields and/or a radial trim coil, was developed. The thruster was operated to confirm whether thrust
performance could be improved with variation of magnetic field characteristics inside the hollow anode and the
discharge channel. The experimental results showed that a reduction of discharge current and an increase of thrust,
i.e., enhancement of thrust efficiency, were realized by using magnetic shields and a radial trim coil. Thrust
efficiency was enhanced to 52% from 38 % with magnetic shields and a radial trim coil at a discharge voltage of
400V and a xenon mass flow rate of 3.0mg/s.
4. MPD Thruster with Applied Magnetic Nozzle (IEPC-05-54)
Thruster performance has been improved by applied magnetic diverging nozzle in a quasi-steady MPD thruster for
H2 of 0.8g/s, N2 of 2.7g/s and Ar of 3.1g/s, in 3kA~10kA, and with applied-field up to 0.45 Tesla at the nozzle throat.
Azimuthal motion by J_B stabilized the arc discharge, and improved the thrust caused by the swirl acceleration in
the plasma expansion. The thrust enhancements of 70 % for hydrogen and of 50 % for nitrogen and argon were
obtained respectively, and were attributed to the condition of arc current and applied magnetic field. When the arc
current exceeds the optimum condition with an increase in the current, the swirl acceleration is affected and the
applied field does not work so remarkably to increase the thrust. This is caused by extending of arc distribution in
the downstream of the divergent anode section with an increase in the arc current, and also the swirl region moves to
downstream where the axial magnetic intensity is diffused and goes down. In addition, with increasing applied
magnetic field, rotational frozen loss, caused by incomplete energy conversion to axial kinetic energy, is increased
in the swirl acceleration. These plasma rotational motions and swirl expansion have been clarified by use of a High
speed video camera technique.
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5. Laser Ablative Thrusters (IEPC-05-17)
In a laser ablative thruster, laser is irradiated to some solid propellant; it is ablated, and then produced small
powders and/or gas particles with high energy are expanded resulting in thrust generation. In this study, a Q-switch
Nd:YAG laser with a wavelength of 1064 nm and an output energy of 0.65 J was irradiated to polymer propellants
to examine performance characteristics of laser ablative thrusters for small satellites. Impulse bit and mass loss
were measured. As polymer propellants, PTFE, PTFE(carbon: 10mass%), PTFE(carbon: 15mass%), POM,
POM(carbon: 20mass%), PE and PVC were selected. The performance characteristics mainly depended on specific
weight and carbon concentration of polymer propellant. PTFE(carbon: 10mass%) and POM(carbon: 20mass%)
were preferable propellants for high performance although with PTFE(carbon: 10mass%) laser should be irradiated
to its new surface for every shot. In laser irradiation with PTFE divergent nozzles, there existed an optimum nozzle
geometry for improvement of performance characteristics. In a case with a nozzle half angle of 15 deg and a length
of 3 mm, the momentum coupling coefficient and the specific impulse reached 112 μNs/J and 300 sec, respectively.

Although solid propellant thrusters have the advantages of mechanical simplicity and robustness and are therefore
compact and reliable, they have difficulty in stop/restart operation and thrust magnitude control once ignited. To eliminate
the disadvantage toward a substitute for other electric propulsion systems, we propose a micro-thruster operated with nonselfcombustible solid chemical propellants combustion of which is initiated and controlled by irradiation of laser. With this
concept, the chemical energy contained in the propellants is expected to augment the thrust power ratio much higher than
other former electric rockets. In this study, experiments with different propellants and laser irradiation methods under
various pressures are being conducted to find out the best combination for manufacture of a prototype.
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2. Interaction between electric propulsion plume
At Kyushu Institute of Technology, KIT, interaction between electric propulsion plume and a satellite is studied
via computer simulation and laboratory experiment. At a newly formed Laboratory of Spacecraft Environment
INteraction Engineering(LaSEINE), a computer simulation software called, MUSCAT (MUlti-utility Spacecraft
Charging Analysis Tool) is being developed to study spacecraft charging in LEO, PEO and GEO. One funciton of
MUSCAT is to calculate plasma distribution around a GEO satellite that carries a plasma emission device, such as
electric propulsion system, a charging controlling electron beam gun or a plasma contactor. The simulation code
employs Particle-in-Cell method and Particle Tracking method that solve the plasma motion self-consistently with
electro-static field generated by the space charge. Figure 4-7-5 shows an example of CEX plasma density
distribution around a GEO satellite. The example was calculated by a prototype PIC code that will be incorporated
into MUSCAT. The final version of MUSCAT will be released in Spring 2007.

Fig. 4-7-5 Charge exchange ion density near a GEO satellite Density of 5x1010m-3 is marked in yellow
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