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A MISSION TO PLUTO USING NUCLEAR ELECTRIC PROPULSION

D.G. Feam
Defence Research Agency, Famborough

Abstract These observations have shown that Pluto's surface
reflectance varies, with some longitudinal changes

A simple analytical approach has been used to and asymmetrical polar caps. The atmosphere
show that a nuclear electric propulsion mission to contains methane, but little is known about the other
Pluto can be accomplished using developed components. Charon is also thought to show at leastversions of a nuclear reactor and ion thruster subtle surface markings; it orbits at a distance of
currently available. It is proposed that the Topaz 2 subtle surace markings; it orbits at a distance of
reactor and the UK-25 thruster be employed in a about 20,000 km from Pluto.
spiral orbit-raising manoeuvre, commencing in low
Earth orbit and eventually escaping from the Earth's Interest in this intriguing planetary system was
gravitational field. This phase would be followed by a enhanced by the Voyager 2 encounter with Triton,
similar manoeuvre in heliocentric orbit, ending with a one of Neptune's moons, in 1989. Triton closely
rendezvous with Pluto, and then entering a stable matches Pluto as regards size and albedo, and has
orbit around the planet. Reasonable estimates of revealed an extremely complex geology, active
spacecraft mass suggest that a power level in the surface eruptions, polar ice caps and seasonal
range 10 to 40 kW will facilitate missions with total changes. Only a spacecraft encounter can provide
uranso4to 0 ye a sTheow achang es . Only a spac e craft enc ou nt er c a n provide

durations of 4 to 10 years. The power and thruste this kind of detailed information in the future aboutrequirements are such that two UK-25 thrusters
would be operated continuously, except at the Pluto.
lowest powers considered.

Despite the undoubted scientific benefits to be
1. Introduction obtained from an encounter with Pluto, the study

recently commenced by the Jet Propulsion
NASA have recently suggested 1 that a relatively Laboratory5 has revealed very clearly the difficulties

low-cost scientific mission to Pluto should be involved in accomplishing such a mission. Even with
undertaken as soon as possible, before the planet's the use of a Titan IV or Proton booster, fitted with a
tenuous atmosphere freezes onto its surface in Centaur and two additional upper stages, a fast fly-by
about 30 years time as its distance from the sun spacecraft can have a maximum mass of only 160 kg
increases. Pluto's eccentric orbit passed through if a 7 to 10 year direct trajectory is to be achieved.
perihelion in 1989 at a distance of 30 astronomical Such a spacecraft can provide a payload of only 7 kg,
units (AU) from the sun, and it is therefore at its with a power allocation of 6W. The observing time at
warmest at the present. With an orbital period of reasonable spatial resolution will be a few weeks, and
248 years and an aphelion of 50 AU, another the final 100,000 km will be covered in about 1.7 h.
opportunity to mount such a mission will not arise for
about 200 years. A short transit time is also This paper considers an alternative strategy for
necessary, implying a direct trajectory2 , 3 to Pluto, reaching Pluto within the required timescale, that is
taking 7 to 10 years. before the atmosphere freezes. It is proposed that

the nuclear electric propulsion (NEP) option be
From a scientific point of view it is necessary to adopted to permit a much larger payload to be

visit Pluto and its moon, Charon, in the relatively near delivered into an orbit around Pluto. This would
future in order to learn about their surface geology, permit many more instruments to be carried and the
and the composition and structure of Pluto's observing time to be increased indefinitely,
atmosphere before it condenses again on the assuming adequate durability of the on-board
surface. Very little is known about either body4 , the systems. The scientific return would thereby be
available information having been obtained from increased enormously and, as an additional benefit,
ground-based observations with great difficulty. the cost of the launch would be much reduced below

that of the Titan IV/Centaur combination.

© Crown Copyright (1993) Of course, planetary exploration using NEP has
Defence Research Agency been considered in many previous studies 2 ,3, 6 ,7 ,

Farborough Hampshire GU14 6TD UK and the rather less onerous orbit-raising mission has
Published by the International Electric Propulsion also received considerable attention8, 9 , but much of
Conference, with permission. IEPC Paper 93-200 this work has assumed the availability of power
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sources and thrusters which were at the very energy of 305 km2/s 2 , the equivalent of a velocity
beginning of their development, or which were increment AV of 12.9 km/s from LEO. This
based on theoretical predictions only. The nuclear requirement is significantly higher than that of any
thermal options2 ,10, which are capable of delivering a previous mission, including Ulysses14 , for which
large payload to Pluto, are in the same category, 11.4 km/s was needed. Of course, Ulysses had the
since the hardware required is not yet available, benefit of a Jupiter swing-by manoeuvre, although

with the penalty of a much increased mission
As an example of the possibilities predicted in duration.

recent studies, Widman et al 2 have shown that,
using a Titan IV or Shuttle launch to low Earth orbit
(LEO), a payload of over 6 tonnes can be transported
to the vicinity of Pluto in 8 years. The equivalent ' '
payload masses for an advanced chemically .O _
propelled spacecraft and a nuclear thermal option are
800 kg and 1.7 tonnes, respectively. The orbit E 30

selected for the NEP case is a spiral escape from 9 Launh

LEO followed by a Earth departure bum of 808 days. -zoo zoo 20
The subsequent heliocentric coast phase lasts for
1867 days; this concludes with a fast flyby of Pluto. o -
However, although technically feasible, the hardware
necessary to perform such a mission will not be , ,
available for many years. A reactor producing 3s 7 9 1
310 kWe is specified, together with ion thrusters able Transr time yr

to consume this power, using argon propellant and
providing a specific impulse (SI) of 8000 s. The
thruster total efficiency was assumed to be 77%. Fig. 1 Launch energy as a function of

flight time for direct trajectories to
In contrast, in order to have a reasonable chance Pluto (from Ref 5)

of achieving the scientific objectives of the mission,
the present paper considers the use of hardware JPL considered in some detail the possibility of
which could be flight qualified within a few years, incorporating a Jupiter gravity assist in the mission
given appropriate funding. The technical risk is plan, but this was rejected since it restricted the
therefore much reduced. In particular, it is assumed range of launch windows available. In fact, it was
that an upgraded Topaz 2 reactor 11 will be available found that the first useful window was not until the
and that development of the UK-25 ion propulsion year 2004, whereas there is one launch opportunity
system (IPS) 12.13 will be completed. every year for the direct trajectory. Another problem

taken into account was the need for additional
Using these devices, it is shown that a Pluto radiation hardness of the onboard systems if the

rendezvous and capture mission can be harsh environment around Jupiter was to be
accomplished with a flight time of 4 to 10 years, encountered. Other possibilities that were rejected
following a launch by an Ariane 5 or similar vehicle, due to spacecraft propulsion requirements included
The payload delivered could be several hundred Earth and Venus gravity assists.
kilogrammes, permitting a major scientific return to be
achieved. The launch options considered, which included

both the direct trajectory and the Jupiter gravity assist
2. The JPL mission (JGA) cases, were the Titan 4, Atlas II AS and Proton.

The Centaur was the preferable first upper stage,
To place the proposed NEP mission into with the Star 48B and Star 27 solid motors as the

context, it is appropriate to summarise here the second and third upper stages for the Titan and
approach currently adopted by JPL on behalf of Proton. The various options are presented in Fig. 2.
NASA; this is described in some detail in Ref 5,
where cost is stated to be the main design driver.

The most challenging aspect of the mission is to
achieve a very high launch energy, using vehicles
that are currently available at reasonable cost. As
shown in Fig. 1, a 7 year flight time requires an
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Fig. 2 Spacecraft dry mass, excluding tankage, as a function of mission time to Pluto for a
variety of launch options (from Ref 5)

Assuming the use of a Titan or Proton, the
spacecraft mass at launch is estimated to be 157 kg,
including a contingency of 25% and an instrument ntfnn
package of 7 kg. The power, derived from a
radioisotope thermoelectric generator (RTG),
amounts to 61W, including a contingency of 30%.
Of this, the communications system consumes 15W scienc
and the instruments 6W. cu

Amplifi ers RT
The current spacecraft design, shown in Fig. 3, is Elctroics . TG

three-axis stabilised, using a cold gas attitude control
system and a wide field of view miniature star camera Louvre
as a sensor. The cold gas is pressurant from the main ip-"xcr
propulsion tank, which holds 26 kg of hydrazine and
can provide a AV of 400 m/s. Communications are sr
via a 1.5 m diameter X-band antenna. A single-board trac, Thrusters

computer is included to control the spacecraft; it is Fig. 3 One view of JPL's proposed Pluto
radiation hard to 25 krad. A solid state memory of spacecraft (from Ref 5)
400 Mb capacity is provided to store the data
acquired during the encounter with Pluto; the The probable payload concentrates on imaging
subsequent playback to Earth will be at 25 to 40 b/s the planet's surface. The instruments currently
and is likely to take 6 months. included are a CCD imaging camera combined with

an infra-red spectrometer, plus an ultraviolet
spectrometer. The communications system will
include an ultra-stable oscillator for radio occultation
measurements of Pluto's atmosphere. If funds
permit, two spacecraft will be launched on trajectories
to allow them to view both faces of Pluto and Charon.
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3. The electric propulsion mission It is proposed here to adopt a combination of the

two missions outlined above, with the heliocentric
The primary advantage of using electric manoeuvre phase designed to rendezvous with

propulsion for this and other high energy missions is Pluto. Once the rendezvous has been
the saving of propellant mass that can be readily accomplished, a moderate AV , provided by either
achieved. With an SI much greater than can be the IPS or an auxiliary chemical propulsion system,
achieved by any chemical system, the propellant load will enable an orbit around the planet to be achieved.
can be reduced very considerably, allowing a smaller
and cheaper launch vehicle to be employed, a A similar Pluto orbiter mission has been analysed
shorter trip time to be achieved, a greater payload by Widman et al 2, assuming the availability of
mass to be flown, or a combination of these advanced nuclear thermal propulsion (NTP) and NEP
advantages to be selected, systems. The initial spacecraft mass was taken to be

20 tonnes and this was assumed to be launched into
With current ion thrusters using xenon a circular LEO of altitude 200 km. The final orbit

propellant, the SI can be as high as 7000 s, and around Pluto was taken to be circular, with an altitude
further increases can be obtained by minor of 100 km.
alterations to the ion extraction grids or by using
propellants with a smaller atomic mass. Examples of Apart from the assumptions concerning the
the latter are argon and krypton, which have the status of the technology used, the main difference
additional advantage of much lower cost. A simple between Ref 2 and the study reported here
analysis shows that propellant savings of a factor of concerns the trajectory selected for the mission. In
10 to 20 are entirely feasible. the present work, thrusting takes place continuously

during both Earth escape and heliocentric phases of
This important advantage of an IPS has been the mission, whereas Widman et alintroduce a long

recognised for several decades, and many studies coast period. This difference has major implications
have been reported of relevant missions. These for the design of the propulsion system.
have usually assumed the use of solar arrays for
power production. Examples include JPL's solar
electric propulsion stage (SEPS) 15 of the 1970s,
missions to Mars and Venus 16 and an electric
propulsion alternative to the Ulysses out of the
ecliptic mission 14 . Perhaps more significant has
been the capability, using this technology, to design
very small spacecraft able to achieve advanced -Nuclear .ectric
scientific objectives 1 7,18. - - Cryontc hemical

8-

The Pluto mission proposed here is a derivation
of the Ulysses concept 14. In that, a launch to LEO *
was followed by a spiral orbit-raising phase, in which
the altitude of the spacecraft was gradually increased t -
by thrusting tangentially along the velocity vector 19 .
At the end of this phase the spacecraft escaped from 2
the gravitational field of the Earth and entered a ....
heliocentric orbit. Thrusting perpendicular to the "-'"- -
plane of that orbit around its nodes then gradually ision im. yr 20

introduced the desired angle to the ecliptic.

This concept has been extended further by
Routier 20 , who considered a dual mission Fig. 4 Payload as a function of mission
incorporating a small spacecraft for out of the ecliptic time for a Pluto orbiter mission
plane measurements, especially in the polar regions (from Ref 2)
of the sun. The other, much larger spacecraft was
intended to leave the solar system entirely at an Results from Ref 2 are presented in Fig. 4 for
angle to the ecliptic not yet studied by any probe. comparison with the data to be discussed later.
This was to conduct a slow heliocentric spiral orbit- Although it is clear that NTP provides a large payload
raising manoeuvre, using UK-25 ion thrusters increase over conventional chemical propulsion,
throttled to match the power available, neither are able to achieve mission durations of
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below about 20 years, and this is unacceptable. Only Canaveral to a circular parking orbit with an attitude of
the very high AV , small payload, multi-stage 5250 km, followed by the orbit-raising manoeuvre
proposal of JPL5 is capable of achieving times of which will last for at least one year, which is the
below 10 years. Conversely, the NEP technique design lifetime. If operation remains satisfactory at
offers a massive increase in payload, coupled with this point, the mission will continue until an altitude of
acceptable mission times. For example, the payload 40,000 km has been reached, then an inclination
predicted for a flight of 10 years duration is just below change will be commenced.
4000 kg, which should be adequate to sustain a very
comprehensive observation of both Pluto and Development of the Topaz 2 reactor 1 1
Charon for some years. This will provide a much commenced in 1969, and derived considerable
better science return than a fast fly-by; for example, benefit from Russian experience with the
the JPL spacecraft5 will approach Pluto at about thermoelectric nuclear power source flown 36 times
16.5 km/s, and will traverse Charon's orbit in only on Radar Ocean Reconnaissance Satellites, and the
30 min. two test launches of the preceeding Topaz 1 system.

A total of 26 Topaz 2 units has been constructed
The capture problem introduced by a high during the development programme. Most of these

approach velocity is illustrated in Fig. 5, which refers have been used in a very extensive series of ground
to a NTP mission o incorporating a Jupiter gravity tests, but several flight-worthy units remain available
assist manoeuvre. As the transit time is increased, for NEPSTP.
the AV required for capture falls, but it is still nearly
5 km/s at 20 years. The slow relative velocity
achieved by means of the heliocentric orbit-raising
strategy is clearly of considerable benefit here.

Reactor

12 SEM Pump
Pluto Location

capture

10 --- Shield

S3.9m Control Drive
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"; "Earth
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10 12 16 18 20
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Fig 5 Earth departure and Pluto capture
.AV requirements as a function of
mission time (from Ref 10)

4. The power source .4m

The only nuclear reactor currently available for Fig. 6 Diagram of the Topaz 2 nuclear
space missions is the Russian Topaz 2 device11 , reactor (from Ref 11)
which is scheduled to fly in 1995/96 as the power
source in the Nuclear Electric Propulsion Space Test
Program (NEPSTP) 2 1. It is planned that the reactor
will energise several different ion thrusters, which
will be used in the spiral orbit-raising mode. The
present mission profile includes a launch from Cape
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Fig. 7 Topaz 2 reactor configuration (from Ref 21)

A diagram of the reactor system is shown in inner electrode, the emitter, is made from single
Fig. 6, from which it can be seen that it is dominated crystal molybdenum alloy coated with tungsten. It is
by a large conical radiator and a radiation shield. The heated to between 15270C and 18270C during
total length is 3.9 m, the maximum diameter 1.4 m, operation and emits electrons which pass across a
and the mass 1061 kg21. Other necessary items of narrow gap to the outer electrode, which is also a
auxiliary equipment add a further 344 kg in the molybdenum alloy. The inter-electrode gap is filled
current design; it should be possible to reduce this with cesium vapour to lower the work function of the
mass considerably. tungsten and suppress space charge effects.

The reactor produces a thermal output of The collector is maintained at between 4700C
135 kW, using about 27 kg of 96% enriched U-235 in and 5700 C by a cooling system based on the
the form of U02 pellets. The fast neutrons circulation of sodium-potassium eutectic alloy
produced in the fission process are moderated by through the reactor and radiator by an
zirconium hydride. The reactor core is surrounded electromagnetic pump.
by twelve rotating beryllium cylinders (Fig. 7), which
serve as control drums. One third of the surface of Each TFE produces a potential difference of
each cylinder is covered with boron carbide, which about 0.85 V. Taking losses into account, 34 TFEs
absorbs neutrons. When the B4 C faces inwards, in series give an output voltage of 27 V at a power
neutrons are absorbed, but when the Be faces the level of 6 kW, for an efficiency of about 4.5%. The
reactor core, neutrons are reflected back and remaining three TFEs energise the electromagnetic
criticality is maintained. Power can therefore be pump.
regulated by rotation of selected drums, thereby
controlling neutron flux levels. A radiation shield is provided between the

reactor and radiator. It consists of a stainless steel
The core contains 37 single-cell thermionic fuel container filled with lithium hydride. The stainless

elements (TFEs), each of which is a cylindrical steel absorbs gamma rays, whereas the UH absorbs
structure containing a stack of toroidal U02 fuel and scatters neutrons. The total dose, over a period
pellets. A major benefit of this arrangement is that of three years, at a distance of 6.5 m from the
fuel can be inserted or removed easily. An core and within the 80 shadow cone of theassociated benefit is that electrical heaters can be shield, is estimated to be 500 krad and 5 x 1012
inserted for testing the complete reactor system, neutrons/cm2.
without introducing a nuclear environment.

For the mission considered in this paper it is
The fuel elements are surrounded by a pair of assumed that the Topaz 2 reactor system will be

coaxial electrodes, forming a thermionic diode. The further developed in the immediate future. In
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particular, the operating time must be increased to 8 Co
to 10 years if missions of the type discussed here are
to be viable. In addition, the efficiency must be
improved so that the power output can be increased, Gas flow SA equiv

without a significant adverse impact on mass or
overall dimensions. An efficiency improvement to Beam at Iasov
30% would yield a power output of 40 kW; this is a
stated aim of the BMDO programme. However, it will 350
require major advances in TFE technology with, in
particular, a much smaller interelectrode gap.

5. The propulsion system

In order to be specific, this study has assumed 30
the use of the UK-25 ion propulsion system 12. 13 ,

although other high power thrusters2 2 -24 would
have been equally suitable. The main requirements
were a thrust level of hundreds of mN , a wide I
throttling range, and the ability to operate with ion o
beam accelerating potentials from below 1 kV to at
least 4 kV, with grid geometry changes if necessary. 250 -

The UK-25 thruster was developed as a scaled / 300mN
up version of the T5 10 cm diameter device2 5 .
Missions of interest suggested that a thrust of
200 mN would be appropriate, xenon propellant was
selected to take advantage of its inert chemical
properties, and the design process then indicated 200 -' I

0 60 B0 100
that an ion beam diameter of 25 cm would be Propent utiisation efficiency (
adequate. The configuration of the discharge
chamber and of the grid system closely followed the Fig. 8 Performance map of the UK-25E
example of the T5 thruster. thruster operating at high thrust

Following the successful testing of a laboratory performance as a result of the fundamental flexibility
device, an engineering model of the thruster was offered by the basic design, which incorporates a
designed to reduce mass and withstand vibration variable magnetic field and three independently
testing. This was designated UK-25E. Its controllable xenon flows.
performance equalled the high standards set by the
laboratory model, with an upper thrust level restricted The data presented in Table 1 are for operation
only by the ability of the test facility to pump at a beam extraction voltage at or near 2 kV, giving
adequately the gas flow involved. A typical high an uncorrected specific impulse of about 4600 s.
thrust performance map is shown in Fig. 8, illustrating Although suitable for many missions, this is a high
that only modest discharge voltages were necessary value if, for example, power limitations are severe.
to achieve more than 300 mN at good utilisation Assuming operation near the perveance limit of the
efficiencies. Thus there were no problems present double-grid design, with an inter-grid
associated with doubly-charged ion production or separation of 0.75 mm, the range of specific impulse
with unacceptable discharge chamber erosion26. available is indicated in Table 2. There it can be seen

that thrust, thrust density and electrical efficiency
A summary of performance data over the fall as specific impulse is reduced. A triple-grid

complete range of thrusts investigated is given in configuration could be used to counteract this trend,
Table 1. In making reference to these data, it should allowing higher accel grid voltages to be used to raise
be emphasised that this large range is accessible the perveance limit, but erosion might then become
without mechanical changes or appreciable loss of a problem.

7
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Table 1

Uncorrected Performance Data for UK-25E Thruster over Wide Thrust Range

Thrust (mN) 63 125 206 251 316

Beam Voltage (V) 2,000 2,000 2,000 2,000 1,850

Beam Current (A) 0.85 1.7 2.8 3.4 4.45

Discharge Efficiency (W/A) 240 250 240 230 288

Mass Utilisation (%) 0.85 0.85 0.85 0.85 0.85

Propellant Flow (mg/s) 1.16 2.72 4.48 5.44 7.2

Discharge Power (kW) 0.204 0.425 0.68 0.78 1.28

Beam Power (kW) 1.70 3.40 5.60 6.80 8.22

Total Power (kW) 1.9 3.8 6.3 7.6 9.5

Electrical Efficiency 0.89 0.89 0.89 0.90 0.87

Power-to-thrust (W/mN) 30.4 30.6 30.4 30.2 30.1

Specific Impulse (s) 4,680 4,680 4,680 4,680 4,500

Table 2

Variation of Performance of UK-25E Thruster with Change of Specific Impulse

Specific Impulse (s) 2,500 3,000 3,500 4,000

Beam Voltage (V) 630 910 1,240 1,615

Accelerator Voltage (V) -300 -350 -375 -400

Maximum Thrust (mN) 66 125 212 337

Maximum Beam Current (A) 1.59 2.51 3.65 5.10

Discharge Efficiency (W/A) 250 240 230 230

Mass Utilisation (%) 0.85 0.85 0.85 0.85

Total Power (kW) 0.92 2.89 5.4 9.4

Electrical Efficiency 0.72 0.79 0.84 0.88

Power-to-thrust (W/mN) 21.2 23.1 25.3 27.9

8
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Thrust is plotted as a function of ion velocity in A mass breakdown of the UK-25 system is given
Fig. 9. The points beyond 60 km/s have been in Table 3. Where estimates are used, they are
derived from the data in Table 1 at 316 mN, by conservative. Also relevant to this study is the
assuming constant discharge chamber conditions potential lifetime of the thruster. Although long
and an increasing ion extraction voltage. The power- duration testing has not so far been undertaken, a
to-thrust ratio over the same range of ion velocities is detailed consideration of the relevant life-limiting
plotted in Fig 10. factors12 has suggested that operation for 10,000 h

should be feasible under the higher power
The power conditioning and control equipment conditions included in Tables 1 and 2. It is assumed

(PCCE) can utilise some of the low power here that the durability of the PSME matches that of
components from the UK-10 IPS. However, new the thruster, but that the PCCE is likely to be more
high power modular anode and beam supplies are reliable, with a lifetime of about 30,000 h.
being developed, since these have to operate at
levels of hundreds of Watts to many kW. The
propellant supply and monitoring equipment
(PSME) is derived directly from that developed for
the UK-10 IPS 25 .

Table 3

Mass Breakdown of UK-25 Thruster System (kg)

Individual Totals

Thruster 6

PSME 2

PCCE

- 6 beam/discharge converters 15

- other supplies and control 6

- thermal control, structure 7 28

Gimbal mount 3

Structure, cables, etc 4

9
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6. The Pluto orbiter mission and the initial and final masses are dependent only

upon ve . However, Mf_ includes the mass of the
The spiral orbit-raising manoeuvre, about a body propellant tanks and this is proportional to the total

with a gravitational constant i, can be described by amount of propellant consumed, Am. If Ms is the
the relationship 19e reionsip mass of the spacecraft excluding propellant and

[ tankage, and a is the constant of proportionality,
MO exp , ' (1)

Mf = M0 exp V- (_ _ .  (1)
L a, a 0 M = Ms + (1 + a)Am

and
where Mf is the mass of the spacecraft at the end of Mfp = Ms + aAm .
the manoeuvre, Mo is the initial mass, ve is the
effective exhaust velocity defined as imv , tim is
the mass utilisation efficiency of the thruster used, v Combining these expressions with equation (4), and
is the ion velocity in its exhaust, and a0 and af are denoting the exponential term in equation (4) as C,
the semi-major axes of the initial and final orbits, such that Mfp = CM 0 ,
respectively.

If Mfe is is the mass upon escape from Am = M 1 -C (5)
the Earth's gravitational field at distance af , and s C(1 +a) - a
afe >> a , equation (1) becomes

Equation (5) was used to calculate Am , and
S/2 thus M , for a range of values of v and M . In this,

M exp 1 M exp( A was assumed to be 0.1, im to be 0.85, and initial
-e a 0 'exp ) deployment of the spacecraft into LEO was taken to

e be to the NEPSTP altitude 21 , 5250 km. This was
selected to be a nuclear safe altitude, from which thewhere A is a constant for a given initial orbit and s e lec ted to b e nuc le ar s afe altitude from which the

Ie = 3.986 x 1014 m3/s2 . M, then becomes the orb ital decay time exceed s by a c on sid e rabl e margin
= 3.986 x 1014 m3 /s 2 . Mf then becomes the the time needed for any radioactivity to diminish toinitial mass for the heliocentric orbit expansion phase an acceptle level and to be high enouh t

of the mission. an acceptable level, and to be high enough to
minimise interference with gamma-ray astronomical

If the mass of the spacecraft at the rendezvous spacecrft. The value of v chosen covered the
with Pluto is M , equation (1) becomes range shown in Figs. 9 and 10, and those of MsSe ( were from 2000 to 3500 kg, spanning the mass of

2796 kg derived below in section 7.

Mf = Mfeexp s 1 1( - , The results are shown in Fig. 11, from whichv  a2 a/2 / it can be seen that a substantial mass can be
fp e delivered to Pluto for the initial deployment into LEO

where s is the gravitational constant of the sun, of 3 to 10 tonnes. As expected, there is a strong
1.327 x 1020 m3 /s2 , and a and are the dependence of initial mass on the ion beam velocity,
appropriate distances from then, ta o e 1.0p with a major advantage to be gained by the use of asappropriate distances from the sun, taken to be 1.0 high a value of this parameter as is allowed by the
and 30.9 astronomical units, respectively. h igh a value of this parameter as is allowed by theand 30.9 astronomical units, respectivelypower available.

S/The total power PT required was calculated from
Thus Mfp = Mfe exp B , (3) PT = n (PD + PN + PA + PB), where n is the number

e  of thrusters operated simultaneously, PD is the

where B is a constant, power used in the discharge chamber to ionise the
propellant, PN is the power in the neutraliser

Combining equations (2) and (3), discharge, PA is the auxiliary power consumed by
Com g uatio )a , the solenoids, keeper discharge and accel and

decel grids, and PB is the power utilised in
(A \ B \accelerating the ions. To a first approximation

M = M0 exp - exp (4) PD = ElB , N = 7yB and PB = IBVB ,where E is the
ee1

10
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Pluto Fig. 12 Total power required as a function

of mission time for a range of
energy required to produce 1A of ion beam, IB is ion accelerating potentials, and
the beam current, y is about double the neutraliser Ms = 2796 kg
keeper voltage, and VB is the net ion accelerating
potential. Thus 30-------------------------

PT = nlB(E + + VB) + nPA

and PT can be calculated for any set of conditions. 20

To do this, IB must first be derived. This can be I .
3 9 

k

done for any mission duration T from .3 a.

10
Am e

B =T m I ,
6 S 10 12

Transfer time (yr)

where e is the electronic charge and mi is the mass
of the xenon ion. Fig. 13 Total power required as a function

of mission time for a range of
Using the above expressions, with e = 230 W/A, ion accelerating potentials, and

n = 2 , and PA ~ 24W , and assuming that the Ms = 2000 kg
neutraliser cathode operates in the spot mode, so
that y - 20 V , the values of PT plotted in Fig. 12 as this conclusion is illustrated in Fig. 13, in which the
a function of transfer time were obtained, for the same parameters are plotted, but for a 2000 kg
baseline mass at the Pluto rendezvous of 2796 kg. spacecraft. It is clear that all power levels are
It is clear that the BMDO objective of increasing the reduced, and that a 10 kW mission is feasible at
Topaz 2 output to 40 kW will enable this mission to 10 years.

be accomplished in a very short time; certainly 4 to
5 years is entirely feasible. As expected, for a given The weak dependence of total power on beam
power level a lower value of VB provides a shorter accelerating potential is illustrated in Fig. 14 for a
transit time, but reference to Fig. 11 indicates that range of transfer times and the baseline mass of
the mass of propellant used would then be much 2796 kg. It should be noted that a broad minimum
greater. exists at about 1.3 kV; however, operation at that

point incurs the penalty of a very high propellant
It can be seen from Fig. 12 that the mission is mass.

impossible for a power of below about 11 kW, if T is
to be shorter than 12 years. The influence of Ms on The power required is plotted as a function of

mass at the Pluto rendezvous in Fig. 15, for a
transfer time of 8 years. There is a linear relationship

11
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between these parameters, with the absolute value demanded by the mission are also consistent with

of the power at any given mass increasing with ion this approach.

accelerating potential.
The thrust required by the spacecraft, FT, can

be derived from Am by use of the equation

1.01 -- ' -- I --- -- I --- --- 1 -- --- --

M. 2796 kg Trun er FTAm .V
Sm.r FT e-

30 - where Am/T is the total propellant flow rate, and
v e = Tmv . The thrust, calculated in this way, is

B 6 plotted as a function of transfer time in Fig. 16 for the

baseline mass of 2796 kg and a range of ion
20 accelerating potentials. Noting the thrust levels

shown in Fig. 9, which approach 500 mN, the
0 _ --- requirements can be readily met by two UK-25

- -thrusters operating together. The same conclusion
Sis reached by consideration of Fig. 17, in which the

thrust is plotted against spacecraft mass at the
I rendezvous with Pluto, for a transit time of 8 years.

Beam accelerating potentiol IkV)

1000 ----

Fig. 14 Total power requirement as a
function of Ion accelerating 9o- KS. 2796 kg

potential, for a range of transfer 2Th

times and Ms = 2796 kg S -0

700 V .04kV

22 Tronfer time = yr

Ve36Y/ kV 6500 -

20 .

25 .00 239

1 8 i
300

S6 8 10 1
S6 - Transfer time T (yr)

Fig. 16 Total thrust required as a function
SU. - of transfer time, for Ms = 2796 kg

1 and a range of ion accelerating
2 - potentials

socII I

2000 2,00 2800 3200 3600 v.1
Mass ot Pluto rendezvous 1M5 kgl 700 Transfer time .8y e .1 lv

Fig. 15 Total power requirement as a
function of spacecraft mass at o - 5

Pluto rendezvous, for a transfer i 36

time of 8 years -

:- 00

Bearing in mind that the UK-25E thruster has

demonstrated a power handling capability of nearly 300
10 kW in the laboratory, and that increasing the
beam power by using higher accelerating voltages is 200 2000 2o00 2L0 3200 ao

relatively straightforward, the values of PT derived M"" ° Plu't r nd..e us lk )

above are consistent with the use of this device, Fig. 17 Total thrust required as a function
assuming that two are operated simultaneously. It of mass at Pluto rendezvous, for a
remains to be shown that the thrust levels transit time of 8 years

12
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7. Spacecraft design If it is assumed that the mission duration is

10 years, and that two thrusters operate
The many studies conducted of NEP spacecraft simultaneously for the whole of this period, a

have had to contend with two important constraints, maximum lifetime of 10,000 hours per thruster
which have strongly influenced the adopted indicates that 17 or 18 are required. It has therefore
designs. Those constraints have been the need to been accepted that the spacecraft should be
reject the waste heat from the reactor via a large designed to accommodate 20, probably in the
radiator, and the need to minimise the impact of the concentric ring structure advocated by Routier 20 .
heat flux from this radiator and the nuclear radiation Should the mission duration be substantially below
from the reactor on the spacecraft. The solution 10 years, this will provide increasing redundancy, or
almost almost invariably adopted is to mount the thrusters can be removed.
reactor and radiator at one end of a boom, with the
main spacecraft at the other. The boom must be The present design of the NEPSTP spacecraft
sufficiently stiff to resist vibration, but must incorporates a communications system capable of
telescope so that the complete assembly will fit operating at an altitude of up to 40,000 km. For the
inside the shroud of the launch vehicle. Pluto mission, a much larger high gain antenna

would be required, which can be pointed precisely at
The most recent design published which the Earth. An allowance has been made for this in

satisfies these constraints and operates at a power the mass budget given below in Table 4.
level appropriate to this study is the NEPSTP
spacecraft. Since this incorporates the Topaz 2 It has been assumed that each UK-25 thruster
reactor, and is also designed for the spiral orbit- will be mounted on its own gimbal system for
raising mission2 1, it has been adopted as the basis reliability. Consequently the NEPSTP gimbal
for the present study. It is shown in outline in platform has been deleted.
Fig. 18, and follows the basic criteria mentioned
above. Table 4

INSTRUMETr Spacecraft Mass Breakdown (kg)
BOOM

SPACECRAFT Reactor 1061
BUS MODULE

Re-entry shield 64

Auxiliary reactor equipment 170

20 UK-25 thrusters 260

20 PSMEs 36

7 PCCEs 196
TOPAZ 2 REACTOR PRIMARY PROPULSIONTOPAZBOOM MODULE Structure, boom, power cables, interfaces 585

Thermal control 28

Fig. 18 Orbital configuration of the Attitude control system 36
NEPSTP spacecraft (from Ref 21) .Communications, including high gain antenna 50

It is suggested that there is no need to alter this Data handling, recording, power switching 110
design appreciably for the Pluto mission, at least as
regards overall configuration. Many of the scientific 2596
instruments would also remain appropriate to the
new mission; they would therefore be retained and Instruments 200
would be augmented by additional imaging sensors.
The propulsion module would require enlargement 2796
to accommodate a greater number of thrusters, and
larger propellant tanks would be needed; the
smallest propellant load under any circumstances No attempt has been made to reduce the mass
would be of the order of 1300 kg, according to the of this reference design. It is therefore likely that anwould be of the order of 1300 kg, according to the austere version could come close to the 2000 kg
results of the present study, and 2000 kg is more needed to achieve a 10 kW, 10 year mission
likely.

13
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(Fig. 13), especially as this might be accomplished 2. Widman, F.W., North, D.M., Cross, E.H. and
with only 10 thrusters and 3 or 4 PCCEs, providing Burr, A.D., "Evaluation of nuclear propulsion for
an immediate saving of over 200 kg. solar systems exploration missions", AIAA Paper

93-1952, (1993).
8. Conclusions

3. Zubrin, R.M., "Nuclear power and propulsion for
The simple analytical approach adopted in this missions to Mars and the outer solar system, "AIAA

study has shown that a nuclear electric propulsion Paper 93-1814, (1993).
mission to Pluto is feasible, using hardware that can
be developed reasonably quickly from that currently 4. Stem, S.A., "The Pluto-Charon system", in "The
available. In particular, it has been assumed that an Annual Review of Astronomy and Astrophysics
upgraded Topaz 2 nuclear reactor can be provided, (1992)", G. Burbridge, D. Layzer and J.G. Phillips,
together with a version of the UK-25 ion thruster eds., Annual Reviews Inc., Palo Alto, California,
qualified for 10,000 h of operation. With such 1992.
hardware, it should be possible to reach Pluto
before the planet's atmosphere condenses again 5. Staehle, R.L., Carraway, J.B., Salvo, C.G.,
onto its surface for another 200 years, and to Terrile, R.J., Weinstein, S.S. and Hansen, E.,
observe that condensation process. "Exploration of Pluto: search for applicable small

satellite technology", Proc. 6th Annual AIAA/Utah
It is proposed that the nuclear reactor be used to State University Conference on Small Satellites,

power the ion thrusters in the conduct of a spiral Logan, Utah, 21-24 September 1992.
orbit-raising mission. The aim is to commence with a
launch into a nuclear safe low Earth orbit, where 6. Deininger, W.D. and Nock, K.T., "A review of
interference with other scientific spacecraft can be nuclear-electric propulsion spacecraft concepts",
minimised. A spiral orbit-raising manoeuvre will then AIAA Paper 90-2553, (1990).
allow the spacecraft to escape from the Earth's
gravitational field. A second heliocentric manoeuvre 7. Gilland, J.H., "Mission and system optimization
will follow, slowly expanding the spacecraft's orbit of nuclear electric propulsion vehicles for Lunar and
about the Sun for an eventual rendezvous with Mars missions, "IEPC Paper 91-038, (1991)
Pluto. This orbit expansion must also include an 170
plane change. 8. Jaffe, L., "An electrically propelled reusable

orbital transfer vehicle: an application of nuclear
Once the rendezvous has been accomplished, reactor power to spacecraft", AIAA Paper 87-1102,

an additional manoeuvre will place the spacecraft (1987).
into orbit around Pluto, thereby allowing data to be
acquired from both this planet and its moon, Charon, 9. Deininger, W.D. and Vondra, R.J., "Design and
until a failure occurs preventing further operation, performance of an arcjet nuclear electric propulsion
The science return is therefore potentially very large, system for a mid-1990s reference mission", AIAA

Paper 87-1037, (1987).
The analysis has shown that the power and

thrust requirements are consistent with the mission 10. Venetoklis, P. and Nelson, C., "Pluto
being accomplished with two UK-25 thrusters exploration strategies enabled by SNTP
operating continuously at any one time. A total of technology", AIAA Paper 93-1951, (1993).
between 10 and 20 thrusters will be needed,
according to the requirements imposed by the 11. Polansky, G.F., Schmidt, G.L., Reynolds, E.L.,
mission duration. Schaefer, E.D., Ogloblin, B. and Bocharov, A., "A

plan to flight qualify a Russian space nuclear reactor
Assuming that the hardware mass, excluding for launch by the United States", AIAA Paper

tanks, can be reduced to 2000 kg, a 10 kW, 10 year 93-1788, (1993).
mission is feasible. For the baseline mass of
2796 kg, a 4 year transit time is possible with a power 12. Latham, P.M., Pearce, A.J., Bond, R.A. and
of 35 kW and 8 years requires about 17 kW. Both Thompson, V.K., "Performance, life-time prediction,
should be within the eventual capabilities of the and erosion measurements of the UK-25 ion
Topaz 2 reactor. thruster", IEPC Paper 91-096, (1991).
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