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Abstract

It is assumed that launch vehicle «Sousc» inserts
the spacecraft (SC) into the low Earth orbit (LEO).
Then chemical upper-stage (CUS) inserts the solar
electric propulsion upper-stage (SEPS) with payload
into the intermediate orbit. SEPS starts from the
intermediate orbit. It delivers the payload into
geostationary orbit (GSQO). Duration of this flight phase
may be varied from a few months to 10 months.

Two possible cases of use of the CUS is examined.
In the first case the CUS increases an altitude of apogee
of a base orbit (LEQ). In this case the altitude of
perigee of a intermediate orbit is practically equal to an
altitude of perigee of a base orbit, and the altitude of
apogee of a intermediate orbit is more than altitude of
apogee of a base orbit. The altitude of apogee of a
intermediate orbit depends on a impulse of velocity,
which CUS gives to a space vehicle. The altitude of
apogee of a intermediate orbit is the chosen
characteristic.

In the second case CUS inserts SC into an
intermediate circular orbit.

In both cases an optimization of an injection
trajectory of SC into a geostationary orbit with selection
of elements of intermediate orbit is carried out. The
analysis of possibility of using of stationary plasma
thrusters M200 and M290 is carried out. An optimal
anode voltage of an thruster (specific impulse of an
thruster) is analyzed. We considered a mass of a
payload, which is delivered into a geostationary orbit,
as the criterion of optimization. A few versions the
CUS, a few levels of electrical power of the solar power
installation (10 kW, 20 kW, 30 kW and optimal
electrical power) are considered.

1t is shown, that if the electrical power is equal to
20 kW then the mass of a payload can reach 633 kg
(transfer duration - 120 days), 1500 kg (transfer
duration - 300 days). In these cases the full useful mass
on a geostationary orbit (including mass of electric
propulsion module) reaches 1700 kg and 2400 kg
accordingly. The optimal specific impulse of an
electrorocket propulsion subsystem equals 20 -25
km/sec for practically interesting range of transfer

duration. For transfer with minimal duration (90 - 110
days) the optimal specific impulsc equals 16 - 17
km/sec.

Introduction.

The EP advantage in comparison with conventional
propulsion is well-known. Possibility to use SEPS in
combination with Chemical US to deliver SC from
parking LEO into GSO is considered by many authors
[1-7].

The main questions of the present research are:

*The research and comparison of two patterns of the
transfer of SC into geostationary orbit. For first pattern
the CUS increases an altitude of apogee of LEO and
doesn’t change a perigee of LEO. In this case an
intermediate orbit is elliptical one. For second pattern
of the transfer the CUS transfers SC into an
intermediate circular orbit. In first case a engine of
CUS burns one time. In second case a engine of CUS
burns two times or more. The considered problems are:
when each of the considered patterns is optimal one;
and the estimation of their possibility (the payload
mass, the useful mass. the transfer duration).

oThe research of an influence of specific thrust of a
stationary plasma thruster to the characteristics of the
spacecraft. The determination of the optimal specific
thrust,

oThe research of an influence of a magnitude of the
electric power of a solar power plant to the
characteristics of the spacecraft.

We carried out our research with the using of the
new solution of the problem of optimal transfer
between elliptical noncoplanar orbits.

Rational flight patterns

We analyze possibility to deliver a payload from
LEO to GSO by means of SEPS in combination with
CUS. It is assumed that LV inserts a space vehicle into
LEQO. This space vehicle consists of:

sthe payload. It is spacecraft which must be delivered
into GSO;

sCUS. The main parameters of CUS (the terminal
mass, the thrust, the specific impulse, maximal mass of
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propellant) are known, but its filling propellant mass
may be chosen,

#SEPS. Its onboard power plant and EP-module can
provide the payload operations on the GSO.

We consider a possibility to use;

sthe launcher “Souse”;

+Chemical upper stage is “Fregat”,

estationary plasma thrusters “M200” and “290” with
the anode voltage 200 -600 v,

ssolar power plant. Electric power is about 10 kW. 20
kW, 30 kw.

The engine of CUS begins to work in the LEO. The
CUS inserts SC into some intermediate orbit. The
semimajor axis and longitude of the ascending node of
intermediate orbit are optimized The total eclipses
duration is increased when an inclination of an
intermediate orbit is decreased as well as this duration
is decreased when the altitude of SC orbit is increased.
That is why in some cases (cases of one burning of
CUS) we assume that the change of orbit plane by CUS
isn’t rational.

The SEPS begins to work in the intermediate orbit.
It delivers the payload into GSO. We vary a duration of
this flight phase from 60 days to 300 days (sometimes
and more).

The mission design problem is following.

There are necessary to choose:

eoptimal insertion scheme, which is provided by
given LV,

eoptimal configuration of the CUS (its propellant
mass), optimal CUS type;

There are necessary to determine;

sthe elements of the intermediate orbit;

soptimal configuration of the SEPS, optimal SEPS
type; the required propellant and the tank mass of
SEPS;

ethe rational control program of SEPS. This conirol
should maximize payload mass, which is delivered into
geostationary orbit for a fixed transfer duration.

The inherent problems of the SEP mission design.

The SEP mission design problem generates some
inherent problems. There are follow.

1. Problem of the solar array attitude control. To
provide the maximum output power and the optimal
thrust control it is necessary to provide the independent
angular motion of the solar array angular motion of the
solar array and EP module. Otherwise, restriction of the
solar array angular motion led to restrictions of the
thrust direction.

2. Problem of the eclipses. It is necessary storage
battery to provide operation of the EP-module during
eclipses. Therc arc coast arcs of the trajectory during
eclipses otherwise.
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3. Problem of the optimization of the power plant.
The output power of the solar power plant is chosen
parameter. The restrictions are a volume within the LV
nose fairing, mass of LV payload and SEPS and etc.

4. Solar array degradation problem.

Two modes of SEPS usage are possible. The EP
thrusters runs uninterruptedly during whole transfer
from intermediate orbit to GSO at the first mode. It is
necessary to use storage battery to provide EP thrusters
burning during eclipses. Otherwise, at the second
mode, trajectory includes coast arcs which corresponds
to eclipses. Second mode should be considered as the
main one. This is connected with follow:

* appropriate level of the electric power, which is
required to EP thruster, is high enough (10 kW and
more),

¢ eclipses duration can be large enough,;

¢ required mass of the storage battery is very large.

Let’s note, that eclipses exists inevitably if transfer
duration is large enough.

The following strategy were under consideration
after SEPS departure from the intermediate orbit. The
thrust vector lies in the plane of local horizon, so it has
two components — transversal one and one, which is
normal to the orbit plane. The dependency of the thrust
components ratio vs. time is optimized. EP thrust
assumes constant during all illuminated trajectory arcs.

Transversal component of the thrust can change its
direction. Time of this direction switching is optimized
also.

So, there are follow control function, which should
be optimized:

¢ ratio between transversal and normal components
of the thrust;

e switching times of direction of normal thrust
component;

¢ ratio between duration of the trajectory arcs. where
thrust accelerates and brakes SC;

e position of the accelerating and braking arcs of
trajectory.

The above mentioned control functions are chosen
on the base of solution optimal control problem. The
general approach to solve this problem is Pontrjagin
maximum principle. The performance index is payload
mass which is delivered into GSO.

SC Model
Launcher “Souse”.

LEO is circular orbit. Its altitude is 200 km. An
inclination of LEO is 62.8°. An initial mass of the
space vehicle into LEO is 6800 kg

Chemical Upper Stage.

Mathematical model of the mission analysis for the

use of CUS is conventional. We evaluate the required




velocity increment to insert SC from LEO into the
intermediate orbit. The thrusting arc is placed in the
vicinity of the apsidal point. It is assumed, a thrust has
the transversal and binormal components. . Parameters
of the intermediate orbit are being optimized. An
longitude of the ascending node of the intermediate
orbit is equal to an longitude of the ascending node of
the LEQO. This longitude depends on the launch time of
a launcher.
We consider a possibility of use of CUS. «Fregat».
Its characteristics are
emaximal propellant mass (Mpm..) -5346 kg;
eterminal mass of CUS (My) - 940 kg;
especific thrust (p,g) 327 sec.
Useful propellant mass (M,) should be chosen. It is
not more the maximal propeliant mass.
Reguired velocity increment depends on useful
propellant mass:
AV= - Pud 8o In ( (hiou‘ p)/ Muo).-
where M, - initial SC mass (in the beginning of the
thrusting arc),
Pud o = Weus - specific impulse of CUS.
Solar Electric Propulsion Upper-Stage.
SEPS consists of two main parts.
1. The onboard solar power plant (SPP).
o]t is assumed that specific mass (yspp) of the SPP is
given,
sWe take into account a degradation of the panels of
the solar panels. We assume that a degradation doesn’t
depend on the transfer trajectory and equals 25 percents
for year (degradation coefficient ky= 0.25 % for year).
Our opinion is the real degradation is less the
considered one.
oThe SPP parameters complies with some restrictions
(mass, volume and kinematics) . We propose that
maximal electric power of solar power plant is about 35
kW. We consider the following electric powers of
stationary plasma thrusters: 10 kW, 20 kW, 30 kW
eMass of the solar power plant is being determined by
magnitude of the initial electric power. This electric
power depends on the needed electric power of
stationary plasma thrusters as well as depends on the
transfer duration. It is connected to the dependence of
degradation from the transfer duration.
2. EP mode. It consists of
sstationary plasma thrusters (SPT) of types M200 or
M290;
oEP-module control system;
eXenon storage and feed system, including xenon
itself;
*3 secondary power converter,
ea structure elements, which connect above mentioned
units.
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Anode voltage is varied from 200 V to 600 V.
The main nominal design parameters of the considered
SPT are presented in Table 1.

Table 1
The main nominal design parameters of the considered
SPY
Input electric Anode Thrust Specific
power Ny, voltage P impulse W
kW )\ N km/sec.
10 200 0.582 16.3
10 300 0.506 21.0
10 400 0451 24.9
10 500 0.410 28.2
10 600 0.370 31.0
20 200 1.225 167
20 300 1.061 21.5
20 400 0.944 2335
20 500 0.858 28.9
20 600 0.790 32.0

1t is assumed that any thruster provide the nominal
magnitude of thrust (Table 3). The specific impulse and
efficicncy arc not changing during the transfer. So the
thrust magnitude cannot bc changed during the
transfer. The degradation of the solar arrays lcads to
necessity 1o adjust EP-modulc parameters with terminal
output power of the solar arrays (the output power in
geostationary orbit). It is assumed that degradation
coelficient (ky) determincs the terminal output power
of the solar arrays. The terminal output power is lincar
function of the transfer duration (T).

The terminal output power (Ni, in the GSQO)
depends on the initial output power (N,) as well as
depends on transfer duration. We use the following
CXPICSSION:

N, = Ni/(1-(ks) Timonth}/12).
An initial thrust accclcration :
a, =P/M,,
where M, - the SC mass after a scparation of CUS.

The transfer duration (T) depends on an initial
thrust acceleration and characieristic velocity (Vh -
required velocity increment provided by SEPS) as
follows:

T=W({-exp(-Vh/W) k/a,
where k, - cclipses cocfficient (ratio of total transfer
duration to the duration of burn arcs).

Mass models of the clements of SEPUS arc
following;

sMass of the SPT: My, = Yong Neng

eMass of the secondary power converters and EP-
modulc control system: M = yi; Nego/Mi

sMass of the xenon storage system (M), including
xenon itsclf. My = M, (1+a;), where M, - xenon
mass.
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eMass of the xenon feed system (it is assumed My, 5
kg).

eMass of the structural elements M= (Mi+ My,
+M, +Mg) Tar

eMass of the onboard solar power plant My= y,,p N,

So, a mass of SEPS is being determined by a mass
of xenon (M,) and by an output power of the solar
power plant (N,). The required mass of xenon is being
determined by the required velocity increment, which
provides the transfer from the intermediate orbit into
GSO. The required velocity increment depends on the
thrust conirol and it is being determined after the
solution of the trajectory design problem.

For calculation we assume that the total mass of the
control system, the service systems, the attitude control
system and the other orbital systems equals 435 kg
(M.y).

We assume the following magnitudes of the design
parameters:

Yspr = 16 kg/kw: Yo = 5 kg/l(w;Yeng =15 kg/kW,
Yor =0.15: 1, =0.93;4,=0.2.
The useful mass in the GSO:
Mi'= Mou - Mp = Mk = Mx (1+a'r)-

The payload mass in the GSO:

M = Mg -My -Mx(1+8,) -My -Meng -Mair -Mop.

The magnitude of the useful mass is important
characteristic because we suppose the using of SEPS for
correction of the SC orbit in geostationary orbit during
the all time of existence of SC.

Numerical analysis.

We consider an electric power of thruster 20 kW for
the base version.

.The elliptical intermediate orbit.

The first important conclusion of the numerical
analysis is: the minimal transfer duration exists. For
the considered case the minimal transfer duration
equals about 100 days. For such duration the payload
mass equals 500 kg (useful mass equals about 1500 kg).
When the transfer duration is increased then the
payload mass and the useful mass is increased too. The
payload mass as a function of the transfer duration are
presented in the Fig 1. It is analyzed SPT M290 with
the different anode voltage (200 v, 300 v, 400 v, 500 v,
600 v). The presented dependence is typical one. The
minimal transfer duration corresponds to the small
optimal specific impulse. When transfer duration is 100
-120 days ,then it is necessary to use the minimal anode
voltage 200 v (the minimal specific impulse 16.7
kin/sec). When transfer duration is 120 -138 days ,then
the optimal anode voltage is 300 v (specific impulse
21.5 kan/sec). When transfer duration is more than 138
day then the optimal anode voltage is 400 v (specitic
impulse 25.5 km/sec). The optimal anode voltage can
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not equals 500 v or 600 v when transfer duration is less
than 400 day. So, for practically interesting transfer
duration optimal specific impulse is less than 30
km/sec.

1500

100 150 200 250 300
tj,S’Tj.(r’tj,'/"tj.g‘tj,E’
transfer duration |day|
= M290 U=200v
M290 U=300v
T M290 U=400v
M26G U=500v
R M290 U=600v
Fig. | Payload mass [kg] vs transfer duration [day].
Nopg =20 kW, M290.

The payload mass as a function of the transfer
duration for some anode voltages of SPT M200 and
M290 is presented in Fig 2.

We can sec that the using of M290 (with optimal
anode voltage) has some advantage. The payload mass
is more¢ on 50 kg (small transfer duration 120 day) -
100 kg (transfcr duration 300 days). On another hand
the using of M200 with the anode voltage 300 v and
400 v is preferable version than the using of M290 with
the anode voltage 200 v,

It is interesting that it is easy to approximale
dependence of the payload mass with transfer duration
by a linear function,

A radius of an apogce of an intermediatc orbit as a
function of a transfer duration is presented in Fig. 3.
This function is monotonc on¢. For a small transfer
duration (less than 120 days) a radius of an apogec of
an intermediatc orbit is mor¢c than a radius of a
stationary orbil.

Some optimal characteristics of the base version and
for the rcal interesting transfer duration (120 days, 150
days and 180 days) are prescnted in Table 2.

Mass of xcnon cquals 475 - 370 kg. The xenon
mass is the nonmonotonic function of thc transfer
duration. The causc of this fact is the change of the
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optimal type of thruster (of optimal anode voltage). The
useful mass is more than the pavload mass on about
1000 -1100 kg,

1500 — !

P‘\.!l !. 4 mass [kg]

o 4
50054
“1Ho 150 200 250 300

G011 H8 e 5T
tranafcr duration {days]

@ M200 U=200v
© M200 U=300v
M200 U=400v

" M290 U=200v
CT M290 U=300v
T M290 U=400v

Fig. 2 Payload mass [ke] vs transfer duration [day/.
Neng=20 kW. M200 and M290.
The characteristic velocity of SEPS is a monotone
function of the transfer duration. The characteristic
velocity is increased from 5.33 knvsec to 6.02 km/sec
when transfer duration is increased from 120 to 180
days.

60/
rk 40 ¥
i
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' .
S
0
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Fig. 3 Radius of apogee of intermediate orbit [10° km]
vs transfer duration [day/

Some characteristics of the optimal trajectory of
transfer when transfer duration is 150 days is presented
on Fig. 4 - 6. The semimajor axcs (Fig. 4), the orbit
inclination (Fig. 5) and the eccentricity (Fig. 6) as the
functions of the current time [days| are shown. The
semimajor axis changes nonmonotonically, First the
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semimajor axis is increased up to 76000 km and then
is being decreased. The eccentricity is being decreased
and becomes equal to a zero at 124 day of transfer. The
orbit inclination changes monotonically and especially
sharply when the semimajor axis is very big,

Table 2.

Optimal characteristics. Elliptical intermediate orbit.
Different transfer duration. N=20 kW

Transfer day 120 150 180
duration
Mol CUS | kg 4154 4033 3747
apogee km 44629 | 36227 | 24353
altitude
Kenon mass k 506 475 570
optimal W km/s 21.5 255 255
Vh. of SEPS km/s 533 5.56 6.02
payload mass | kg 633 789 935
useful mass kg 1698 1857 2029
80
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Fig 4. Semimajor axis [1000 km/[ vs current fime
[day]. M290 U=400 v, N—20 ki, =150 day
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Fig. 5. Inclination vs current time. M290 U=400 v,
N=20 kW, 1=150 day

| |

0 50 100 1_50
il dll. : |.'3,€l12
Fig.6. Fecentricily vs currend time. M290 U400,
N=20kW, T-150 day

electric powers of thruster

The results of the numerical research allow to assert
that optimal magnitude of electric power is morc than
the maximal possible electric power (35 kW), The
payload mass is incrcased when the clectric power is
increased. In case the electric power of SPT equals 10
kW for the considered pattern of transfer the minimal
duration of transfer is 210 days (thc anode voltage of
SPT - 200 v) or 250 days (the anode voltage of SPT-
300 v),

The data of the numerical analysis for the case
when the electric power equals 20 and 30 kW are
presented in Table 3 (the transfer duration equals 150
days). The optimal type of SPT isn't changed when
electric power is changed. The optimal anode voltage of
SPT equals 400 v.

The increase of electric power of SPT from 20 kW
to 30 kW leads to:
® the optimal propellant mass is decreased from 4033

kg to 3320 kg,

the xenon mass is increased from 475 kg to 714 kg

the characteristic velocity of SEPS is increased to

0.577 km/sec;
® The useful mass and the payload mass is increased

to 2283 kg and 902 kg respectively.

Table 3.
Optimal characteristics. Elliptical intermediate orbit,
Different electric powers. 1'=150 day

Neng kW 20 30
. kW 24.0 35.9
M, of CUS kg 4033 3320
apogee km 36227 15353
altitude
Xenon mass kg 475 714
Vh of SEPS km/sec 5.55% 6.577
payload mass kg 789 902
uscful mass kg 1857 2283
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The circular intermediate orbit.

The results of the numerical analysis for case when
the electric power of SPT equals 20 kW are presented
in Table 4.

Table 4.
Optimal characteristics. Circular intermediate orbit.
Different transfer duration. N, =20 ki

T M, h My | Wepe | My | My
day ko kin kg | kmis | k kg
60 | 5080 | 19510 | 256 [ 21.5 | 1073 | 64
90 4645 | 10730 | 384 | 215 | 1354 | 323
120 | 4251 | 6820 | 512 | 21.5 | 1595 | 521
150 | 3896 | 5554 | 635 | 21.5 | 1802 | 703
180 | 3537 | 4352 763 | 21.5 | 2007 | 873
210 | 3195 | 3643 | 889 | 215 | 2198 | 1035
240 | 2868 | 3115 [ 1011 | 21.5 | 2378 | 1188
270 | 2550 | 2631 | 1133 [ 21.5 | 2551 | 1334
300 | 2653 | 2868 | 946 | 25.5 | 2672 [ 1477

The payload mass (and useful mass) monotonously
is increased when transfer duration increases. The
pavioad mass equals to 64 kg when T=60 days, and it
equals to 1477 kg when T=300 days.

The optimal specific impulse is a monotonc
function of transfer duration. We consider the concrete
SPT therefore the optimal specific impulse equals 21.5
km/sec when transfer duration is 60 -270 days. But
when transfer duration is 300 days then the optimal
specific impulse equals 25.5 km/sec. That is why the
many characteristics are the nonmonotone functions of
the transfer duration (the propellant mass of CUS, the
mass of xenon, the characteristic velocity of SEPS).

The payload mass as a typical function of the
specific impulse is presented in Fig 6.

80 "'
2
EMQqq'?O{
B M2 = it
"§. ol ﬁ(&ﬂ e
) ..

500 ’

20 25 30
Yh'g

specitic impulse [km/sec]
Fig 6. Payload mass vs specific impulse of SEPS.
Transfer duration 150 days. Ny~ 20 kW
The upper line of Tig. 6 corresponds to SPT M290,
the lower line corresponds to SPT M200. The optimal
anode voltage is 300 v for the both engines. The loss of
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the payload mass (if the optimal anode voltage isn’t
used) can be more than 70 kg,

The uscful mass as a typical function of specific
impulse is presented in Fig 7.

180"
¥
E‘l\.ﬂ20ﬂl’.‘t!(
g -
SME2
@3 )&160{ P
g
150 ;
20 25 30
“I‘]U'W‘zlz

specific impulse [km/sec|
Fig 7. Useful mass vs specific impulse of SEPS.
Transfer duration 150 days. N, 20 kIV

The usclul mass is more the payload mass on about
1100 kg. If we would choose the useful mass as the
criterion of optimization then the optimal specific
impulse of SEPUS will be less. If we use the SPT with
the anode voltage 200 V then the loss of wseful mass
will be very small (about 15 kg). For less transfer
duration this loss may be less.

We analyzed influence of power of the solar power
plant to the characteristics of the SC project. The
characteristics of the project of the spacecraft for three
considered levels of power for an transfer duration 150
days are presented in Table 5.

We can sce, that the payload mass (and the useful
mass) is much increased with increase of power of the
solar power plant. The optimum power (as well as in
case of an elliptical intermediate orbit) is more than
the considered maximal power (35 kW)

Table 5.
Optimal characteristics. Circular intermediate orbit.
Different electric powers. 1=150 day
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For such transfer duration the incrcase of the
clectric power of SP1 with 20 kW on 30 kW does not
result in increase of a mass of a payload (64 ...62 kg)
though the useful mass is increased essentially (1073
1354 kg).

The reason of this fact consists of rather significant
increasc of a mass of a solar power plant and mass of
propulsion subsystem.

The optimal characteristics for a duration of
transfcr 60 days arc shown in Tablc 6.

Table 6.
Optimal characteristics. Circular intermediate orbil.
Different electric powers. 160 day

Nes KW 22.5 33.6
Neng kW 20 30
M, of CUS kg 5080 4645
altitude of km 19510 10730
intemid.orbit
Xenon mass kg, 256 384
Vhof SEPS | km/sec 4 408 5.108
pavioad mass kg 64 62
useful mass kg 1073 1354

Nooo kW 12.0 24.0 35.9
Ness. kW 10 20 30 |
M, of CUS kg 4863 3896 | 3030
altitude of km 14010 5554 3399
intemid.orbit
Xcnon mass kg 318 635 950
Vh of SEPUS | km/sec | 4.776 6.117 6.976
ayload mass kg 443 703 865
useful mass kg 1215 1802 2290

The dependence of a payload mass as a function of
an electric power of the solar power plant changes only
for small duration of transfer. So when a electric power
of SPT equals 10 kW it is impossible to exccute a
transfer with a duration 60 days.

The payload mass as a function of an electric power
of SPT for some transfer duration (120, 150, 180 and

300 days) is presented in Fig 8.
2000
Mok 0 1500
E-:’:{
7 Mpl, |
,E T 1000f
M5
“Mrim SR
0
10 20 30
N
Neng [kKW]
120 days
""" © 150 days
= 180 days
300 days

Fig 8. Payload mass vs SPT electric power. Different
transfer duration. Circular intermediate orhit
Comparison of the schemes of transfer with use of an
clliptical and circular intermediate orbit.

In Fig. 9 arc shown a dependence of a mass of a
payload as function of a transfer duration for the both
considered schemes of transfer. The clectrical power of
SPT cquals 20 kW. An thruster M 290 with the optimal
specific impulse 1s used,
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We can see, that in all range of the possible
duration the use of the scheme of transfer with an
elliptical intermediate orbit is more preferable. When
the transfer duration equals 120 days a gain of a
payload mass is about 110 kg. At increase of a transfer
duration this gain is decreases. At a transfer duration
300 days of a payload mass of the considered versions
practically coincide.

1450
&
. ) e
2 1100 Cowe T
g Mply o R
g Pk, W
g 750
3 Mol ) C
Elx’.:.! 400
50 &
60 120 180 240 300
Ty

transfer duration [day|
“ circular intermediate orbit
-1 elliptical intrmediate orbit
Fig 9. Payload mass vs transfer duration for circular
and elliptical intermediate orbit

We can see, that in all range of the possible
duration the use of the scheme of transfer with an
elliptical intermediate orbit is more preferable. When
the transfer duration equals 120 days a gain of a
payload mass is about 105 kg. At increase of a transfer
duration this gain is decreases. At a transfer duration
300 days of a payload mass of the considered versions
practically coincide.

If the useful mass is considered as a criterion of
optimization, then the advantage of the scheme of
transfer with an intermediate elliptical orbit remains.
At a transfer duration 120 days this advantage equals
about 100 kg. At increase of a transfer duration the
advantage is being decreased and becomes minor.

When an eclectrical power of solar power plant is
increased the advantage of the scheme of transfer with
an elliptical intermediate orbit becomes less essential.
At a transfer duration 120 days a gain of the payload
mass is about 55 kg. A gain of the useful mass is about
45 kg At a transfer duration 180 davs the useful
masses (as well as the pavload masses) for the
considered schemes of transfer practically are equal.

Conclusion.

Mission design of a fully integrated solar stationary
plasma propulsion system for geostationary orbit
insertion is carried out.

An optimization of two patterns of the transfer of
SC into geostationary orbit (with use of an elliptical
and circular intermediate orbits) is carried out.
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The comparison of two patterns of the transfer of
SC into geostationary orbit allows to assert that in all
range of the possible duration the use of the scheme of
transfer with an elliptical intermediate orbit is more
preferable. 1n this case the payload mass (as well as the
useful mass) can be increased more on 100 kg than for
use of a circular intermediate orbit.

For the big range of the transfer duration the
optimal specific impulse is 20 - 25 km/sec. (optimal
anode voltage is 300 - 400 v).

For the small transfer duration the optimal specific
impulse can be 16.7 km/sec. Such specific impulse is
optimal one if the useful mass is considered as a
criterion of optimization.

An increase of magnitude of an electric power of
solar power plant is advisable.
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