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THE PROPOSED DEMONSTRATION OF THE UK-10 ION PROPULSION SYSTEM ON ESA'S SAT-2 SPACECRAFT

D.G. Fearn, Space Department, Royal Aerospace Establishment, Farnborough, Hants., UK

Abstract

The SAT-2 spacecraft, due to be launched by ESA in
mid-1993, is a geostationary satellite intended to
demonstrate advanced communications technologies.
Since it is also able to accommodate, for demon=—
stration purposes, other systems relevant to commu-
nications satellites, it has been suggested that it
should include a pair of UK-10 ion thruster systems.
These can be used for north-south station-keeping,
thereby increasing the mission duration from 5 to

10 years. This paper describes the UK-10 system, as
applied to SAT-2, in detail. It covers all aspects
of the installation and operation of the thrusters,
and identifies areas where further work is needed.

b, INTRODUCTION

This paper concerns the possible demonstration
flight of a UK-10 ion propulsion system on ESA's
SAT-2 spacecraft, which is due to be launched in
mid-1993 to demonstrate advanced communications
technologies. This propulsion system, which pro-
vides an exhaust velocity, or specific impulse (SI),
more than an order of magnitude higher than that
attainable with chemical thrusters, can be used for
north-south station-keeping (NSSK), thereby augment-
ing the capabilities of the conventional orbit con-
trol facilities of the satellite. For a total dry
mass of less than 40 kg, the on-station lifetime of
the spacecraft can be doubled to 10 years by this
means.

As an illustration of the effectiveness of ion pro-
pulsion systems in saving large quantities of pro-
pellant, Fig | compares the masses of bipropellant,
power augmented hydrazine, and ion thruster systems
for the NSSK application, assuming an initial
spacecraft mass of 1500 kg. It is clear that very
significant advantages are gained using the ion
thruster system if satellite lifetimes are longer
than about 3 years.
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NSSK propuision system mass as a function of .

It is proposed to supply two complete UK-10 systems
for the SAT-2 application. Each will consist of a
T5 ion thruster!, a power conditioning and control
system (PCCS), a data processing and control unit
(DPCU) and a propellant supply and monitoring
system (PSMS). Each PSMS will be fed with xenon
gas from a central tank equipped with appropriate
valves, a pressure transducer and an intermediate
pressure regulator. The interfaces with the space-
craft will be simplified as much as possible, and
every effort will be made to ensure that a failure
of the experiment is harmless to the remainder of
the vehicle.

Bearing in mind the power likely to be available for
the experiment from the SAT-2 platform, it has been
decided to offer the UK~I0 system at a nominal
thrust of 10 mN. However, it is intended to qualify
the system at 25 mN in the same period of time, so
the option of operating at that thrust or an inter-
mediate value is also available. An alternative,
which offers interesting possibilities, is to alter
the thrust level as the mission proceeds, perhaps
matching the degradation of the solar array. The
mass penalty for this option has not yet been quan-—
tified, but it would be only a few kg.

25 BACKGROUND TO THE DEVELOPMENT OF THE UK=-10
SYSTEM

In common with several other countries, the UK
expended considerable effort during the 1960s and
1970s on developing electric propulsion (EP) sys-
tems for a variety of advanced space missions. In
such work, the aim was to take advantage of the
high exhaust velocity, and thus specific impulse,
offered by EP systems, thereby reducing propellant
loads by at least an order of magnitude. However,
many of the thruster systems investigated were
developed to maturity faster than the demand for
their capabilities evolved, so several of these
promising projects were obliged to stagnate or were
terminated.

One such project, which clearly demonstrated con-
siderable potential, was the UK 10cm diameter
Kaufman-type ion thruster system'. This was
developed during the decade 1967-77, using mercury
propellant, specifically for the NSSK role on geo-
stationary communications satellites, but it was
also suitable for a variety of other applicationms.
The programme was led by the Royal Aircraft
Establishment (RAE), now the Royal Aerospace
Establishment, where much of the design work, test-
ing and component development was undertaken. The
UKAEA Culham Laboratory carried out a detailed
investigation of the plasma and ion pgysics of the
thruster, and formulated scaling laws“ based on
both experimental data and detailed theoretical
analysis. Life-testing3 was undertaken by the
Fulmer Research Institute, and component develop-
ment® by the Mullard Central Materials Laboratory.
A very efficient PCCSY was developed by MSDS
Limited, based on original RAE concepts. This pro-
gramme was extremely successful from a technical
point of view. However, the work was not con-
tinued beyond the stage reported in Ref I.
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At that stage, the thruster was approaching flight fact, at the nominal 10 mN thrust level, no signal

qualification status and the PCCS was in 'elegant greater in amplitude than the noise of the measuring
breadbroad’ form. Although designed to-produce a system, 2 mV, was found in the range | to 300 MHz.
thrust of 10 mN, at an exhaust velocity of 30 km/s, Only at lower frequencies were any signals of a
throttling between 7 and 17 mN had been demonstra- larger amplitude observed. Consequently, there
ted. Stability was excellent over the whole per- should be few problems with electromagnetic inter-
formance envelope, very little electromagnetic ference when integrating the thruster into a
noise was emitted by the thruster, and fully ade- spacecraft.
quate life capability had been confirmed by exten-
sive testing. The doubly-charged ion content of the beam has been
evaluated using a time-of-flight analyser and was,
In the eight years between 1977 and 1985, the pos- as expected, found to be significantly below that
sible market opportunities for NSSK propulsion established for mercury', 7 to 8%. This further
systems improved, partly as a result of the increas- endorses the expectation of long life.
ing mass and life of communications satellites.
Consequently, the decision was taken in 1985 to Simultaneously, work was restarted at Philips
re-start the programme, but to change from mercury Components Ltd on the cathode, neutraliser and main
to a rare gas propellant. This change avoids any flow assemblies, modifying the designs to accommo-
possible adverse chemical reactions between the date the change from mercury to xenon. At RAE, pre-
propellant and spacecraft materials or components. parations began to life test these components, and
As before, the work is led by the RAE; the other also a complete TS5 thruster. In addition, a pro-
main participants are the Culham Laboratory, MSS gramme to update the design of the PCCS was commen—
Ltd and Philips Components Ltd (formerly Mullard ced, and also the development of the DPCU. As a
Ltd). further contribution, MSS Ltd have undertaken the
6 development of a new PSMS designed specifically for
As an initial step, a T4A thruster , which is the xenon, together with a PCCS aimed at 25 mN
laboratory test version of TS5, was refurbished and applications.
mounted in an existing vacuum facility at Culham.
Liquid helium cryo-pumps were fitted to this facil- In anticipation of the need for a flight demonstra-
ity, also a new propellant control and monitoring tion of the capabilities of the UK-10 system, it was
system. The cathodes’ used were from a batch con- earlier proposed to use a TS thruster for the grbic
structed by Mullard Limited in the 1970s. control of a technology demonstrator satellite®,
with a launch planned for 1991. A later possibility,
The results have been very encouraging. It has with a mid-1994 launch, was an expsrimen: on the
been confirmed that the thruster runs entirely Radarsat remote sensing spacecraft’ where the
satisfactorily on xenon, and the overall perform- application was drag compensation. Although neither
ance equals that achieved with mercury, with excel- of these missions is now likely to proceed further,
lent stability and controllability. With the sys- the experience gained in the areas of thruster-
tem configured for the nominal 10 mN thrust, spacecraft integration and flight diagnostics sys-
throttling up to 25 mN is possible. With higher tems will be equally relevant to the SAT-2 instal-
beam accelerating potentials, thrusts in excess of lation and test.
70 mN have been recorded, with complete plasma '
stability. At this thrust, input power exceeds : 3 ASSUMPTIONS
2 kW. 7o CRE T
i In designing the SAT-2 flight demonstration, it has
The beam profile and divergence have been measured; been assumed that the thrusters will be used experi-
the latter is below 10° (Fig 2), which is within mentally for the NSSK role and that they will be
the 8° to 17° range established previously®. Low mounted as self-contained units on the north or
accelerator grid drain currents can be maintained south faces of the body of the spacecraft, or on

for grid potentials up to -200 V or -300 V, promis- both faces.
ing long grid life. No appreciable electrical
noise in the frequency range 0 to 300 MHz has been
detected on any electrode; noise voltages are
usually below 10 mV and rarely exceed 100 mV. 1In

dial distance from thruster
centreline (cm)
15 L L) v T v T . T T T

There is thus adequate surface area
available for the radiation of waste heat to deep
space. Other assumptions are as follows:

0

Axial distance from probe to grids (cm)

Fig. 2: T4A thruster beam profile using
xenon propellant.

187



(a) The thrust level is nominally 10 mN (but
higher levels can be provided if requested).

(b)

(c) Two thrusters are needed. It is likely that
both will be operated simultaneously at beginning
of life, but that there may not be adequate power
for this later in the mission.

(d) The thrust vectors should pass through the
centre of mass of the spacecraft.

No throttling is required.

(e) Fully automatic and ground control operation
are both required in order to test both concepts.

(f) There must be no appreciable deposition of
material sputtered from the grids of the thruster
onto the solar arrays.

(g) A propellant load of 10 kg is necessary 5
(this will provide a total impulse of 3.1 x 10°Ns,
ignoring the effect of non-north-south mounting
angles).

(h) Total system mass and power consumption must
be minimised.

4. CONFIGURATION AND MISSION

The application of the T5 thruster to NSSK was con-
sidered in detail during the first phase of the UK
programme'V. It was shown then that the concept of
thrusting in a north and/or south direction for
equal arcs about the nodes of the orbit was quite
satisfactory. The exact thrusting strategy depends
on the mass of the spacecraft and the requirements
of the mission, but there is nothing to throw doubt
on the validity of the earlier results and
conclusions.

Several configurations are possible, all with the
thrust vectors preferably passing through the centre

of mass. The various configurations depicted in
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Fig. 3: Possible ion thruster mounting configura-
tions for the NSSK apnlication.
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Fig 3 are viable, and there is little to choose
between them from the point of view of the propul-
sion system. They all provide redundancy, although
those in Figs 3b,c and d are superior in this res-
pect, in that the non north-south thrust component
is then directed in the radial direction, where it
causes much less perturbation than in Fig 3a. The
side-by-side layout in Fig 3d is particularly
attractive if compactness and ease of integration
are important; however, there is an additional loss
of efficiency due to the angles of the thrust axes
to the radial direction.

The angle of the thrust axes to the north-south
direction, o , must be considerably larger than
the beam divergence of 9.5°, to ensure that there is
no direct ion impingement on the solar array. An
angle of at least 20° is advocated, although the
actual value will be dictated by the configurations
of the arrays and of the spacecraft body. As an
example, Fig 4 illustrates an installation on the
north face of a spacecraft measuring 2 m across that
face and 3 m in the north-south direction. The
thrust axis passes through the centre of the body,
which is assumed to coincide with the centre of
mass. With the solar array as drawn, there is
ample clearance between the beam and the array in
position A, and more than 20" in position B. How-
ever, if the array was wider, or located nearer the
body, the situation in the latter case would not be
satisfactory, so a would have tobe increased.
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Fig. 4: The influence of solar array position and
size on thruster mounting configuration.

The case of a wide array was considered in detail
in Ref 10. It was shown there that adequate solu-
tions are available. The easiest method is to pro-
tect the array from ion impingement by mounting a
protective strip of sputter-resitant material along
the lower edge XY (Fig 4). The alternative is to
adopt a thrusting strategy which takes into account
the rotation of the array. Although this results
in periods when the thrusters cannot be used,
extending the operating times before and after those
periods provides adequate compensation.

The question of the deposition of sputtered material
on the solar arrays is also closely connected with



the overall configuration adopted.

This important
subject is addressed in section 7.1.

3. A DESCRIPTION OF THE UK-10 SYSTEM

The proposal is to supply two identical modules for
flight on SAT-2, each fed with xenon gas from a

single propellant tank. Each module will consist
of:

1 T5 10cm diameter ion thruster

1 PCCS

1 DPCU

1 PSMS

Mounting structure

These items are described below, with details of

their performance, power and mass requirements, and
development status.

il TS thruster

As mentioned in section 2, the TS thrusterl is based
on the Kaufman concept, which employs a dc discharge
in a divergent magnetic field to ionise the propel-
lant gas. The thruster was highly developed at the
conclusion of the first phase of the UK programme,
and no significant changes were necessary to con=
vert it from mercury to xenon operation. A photo=-
graph of the device is shown in Fig 5 and dimensions
are provided in Fig 6.

Fig. 5: T5 Mk 3 thruster without earth screen
and rear cone.

Nominal thruster parameters are given in Table 1.
The data presented are for an operating point which
provides a stability margin of at least 10%Z (Ze the
data do not represent the peak performance of the
device). This margin (Fig 7) allows any controlled
thruster parameter to drift by at least 107 without
instability resulting; such instabilities are
indicated by inter-grid breakdowns or a failure of
the mechanism which accelerates ionising electrons
into the discharge chamber from the coupling plasma.

Reference has already been made in section 2 to
other important parameters, such as the beam diverg-
ence, conducted electromagnetic noise, stability

and thrust range. In general, all aspects of the
thruster's characteristics equal or exceed the high
standards set with mercury propellant.

There are no limitations on thruster temperature.
The operating temperatures of all external surfaces
(except the accelerator grid and tip of the neutral-
iser) are below 100°C at 10 mN thrust. Radiation
emerging from the perforations in the earth screen
(open area of 57) comes from the discharge chamber,
which is at less than 200°C.

The thruster currently has engineering model status.
Three new devices have been allocated to the final
stages of testing, ze

500 T T T T ]
.1A = Discharge curren
fon production %, Grid b'down
cost (eV/ion) [ ///,ilzs/(’;)}ity ]
“Zz
20A, Z
4001 30% of flow
through
L cathode
300 -
P = Operating
point
260 = -
28v .
L 04 =
2 AAV, S \\\\\ Coupling
AV = Anode potential  nstability
100 | ,- keeper potential ° £
30 40 60 80 100

Uncorrected mass utilisation efficiency (%)

Fig. 7: Mass utilisation efficiency plotted against
jon production cost for the T4A thruster
using xenon propellant (uncorrected data).

178
118 = - :
Discharge D 1s in mm
Mounting points _| chamber —
(8 off)
| f
/ Py
P :.'i Neutraliser
i ] v |
r i E E v= .: assembly
1
132 ¢ — ,i ! 190
! e
| " a
Cable and ?;‘-.
pipe exits —1 i 1f AT lon beam
from this 1o 14l || extraction
surface L8 Sl grids
i The
r
Perforated Earth

BEIOIN e

Fig. 6: The T5 Mk 3 thruster

189



(a) Performance test and integration with the
breadboard PCCS, DPCU and PSMS.

(b) Vibration testing, followed by performance
checks and a short life-test.

(c) Long duration cyclic life-test (the current
objective is 6000 hours and 3000 start cycles) at
10 mN thrust, using a breadboard PCCS and DPCU,
and engineering model PSMS.

In addition, a cyclic life-test at 25 mN thrust is
also planned, using another new thruster.

Table 1 T5 ion thruster characteristics

Beam accelerating pogencial (V) 940
Exhaust velocity (Xe 1ions) (km/s) 37
Thrust (mN) 112
Thrust range at 940 V (mN) 3.5 ta 24.5
Specific impulse (s) 3171
Total input power (W) 273
Power/thrust ratio (W/mN) 24,6
Total mass flow rate (mg/s) 0.360
Electrical efficiency (%) 76.9
Mass utilisation efficiency(%) 82.7
Total efficiency (Z) 63.6
Stability margin (%) >10
Beam divergence half angle, at 957 of

beam current (deg) o 965
Thrust vector stability (deg) <3
Thrust level variation (%) +3

Mass (kg) I

NOTE: All data have been corrected for doubly-
charged ions (6% of beam current), keeper
power, and neutraliser mass flow, as
appropriate.

5.2 Propellant Feed System

The versatility, controllability and very wide
thrust range of the T5 thruster are achieved partly
by virtue of utilising three independent control
systems, acting on the propellant feeds to the dis-
charge chamber, hollow cathode and neutraliser. In
addition, the magnetic field is adjustable. The
cathode feed control maintains the ionisation
efficiency and thus the mass utilisation efficiency
at a high level whatever the thrust, and the dis-
charge chamber feed control is used to regulate the
thrust. High neutralisation efficiency is main-
tained by the third control loop.

The feed system under development by MSS Ltd is
depicted in Fig 8. One such system is required for
each thruster, but it is envisated that a common
tank will be employed.

The propellant is stored in the tank at close to
the critical point of xenon, with a pressure of
60 bar at a temperature of 35 C. This falls to
53 bar at 25°C. Storage density is about 0.5 kg
per litre, so a tank capacity of 20 litres is
required for 10 kg of propellant.

Xenon from the tank is fed via a latch valve to
intermediate pressure regulators, which maintain

the pressure in associated plenum vessels at a con-
stant value. Each of these plenums supplies the
three low pressure regulators connected to an
individual thruster. These regulators are each con-
nected to a separate plenum tank, the outputs of
which go to the thruster via orifices and inlet
valves. If necessary, the cathode regulator can be
bypassed through an independently controllable valve;
this provides a 'cold-start' capability in the event
of the failure of the cathode heater.
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Fig. 8: Schematic of propellant feed system.

Each regulator provides extremely accurate control
of pressure, and thus of flow rate, by use of a
soft-seat solenoid valve. This is operated in a
pulsed mode, in response to a signal from a control
system incorporating a pressure transducer which
monitors the plenum pressure and thus provides an
indication of flow rate. The demand signal is
transmitted when the output falls below the value
appropriate to the flow requirement indicated by the
PCCS.

The design of the system has- included an optimisa-
tion study of the required accuracy, the number of
valve actuations during a mission, valve pulse
width and plenum tank volumes. Valve leakage has
also been of concern, so a design with an excellent
pedigree has been selected. Major parameters are
given in Table 2.

Table 2 Propellant storage and feed systemparameters

Tank volume (litres) 20
Tank capacity (kg of xenon) 10
Tank mass 4
Storage pressure at 35%¢C (bar) 60
at 25°C (bar) 53

Tank maximum temperature (deg C) a0
Intermediate regulator output pressure

(bar) 2
Low pressure regulator output pressure

(bat) 0.06
Flow regulation accuracy (7) =l

PSMS total mass (2 thrusters, latch valve,

pipework) (kg) -8
PSMS total power requirement* (W) 21
Total gas leakage rate (2 thrusters) =%
(sce/s of helium) 4% 1Q

PSM qualification temperature

limits (deg C) =10 to +70

*Plus 50 W, 50 ms pulse to open the latch valve and
7 W, 0.057 duty cycle, for each regulator.




As regards status, a breadboard model has been con-
structed and tested, based on a successful labora-
tory development programme. Engineering models are
under comstruction for use in the cyclic life-tests
to be undertaken at both 10 and 25 mN.

When possible, standard components are employed,
which have space qualified equivalents. All
pressure vessels will be appropriately qualified,
and valves will be subjected to life-testing to
ensure that they can perform the appropriate number
of cycles. The vibration that may be induced in

the spacecraft structure by their operation will be
characterised and, if necessary, steps will be taken
to alleviate any problems caused by this.

It should be pointed out that it is possible to
operate the neutraliser system on either thruster
independently. This can be used, if required, for
the control of spacecraft charging Lo

5.3 The power conditioning and control system

The PCCS being developed by RAE is closely based on
the system evolved during the 1970s by MSDS Ltd and
RAE for the TS5 thruster when using mercury':? At
that time, it had reached an advanced stage of
development, having been fully integrated with ‘the
thruster and PSMS, with totally automatic operation.
The new version has been simplified, following the
change to xenon, and more modern technology has
been employed where appropriate. The control system
is based on an 8086 microprocessor, which is avail-
able in a space-qualified form. This permits oper-
ation to be completely automatic, if required. A
schematic of the design is shown in Fig 9.

The breadboard PCCS is, at the time of writing,

about to commence its integration with a T5 thruster,
repeating the exercise carried out in the 1970s.
Simultaneously, a version is under development for
operation in a vacuum; the discharge module has
already demonstrated this capability.

The mass of the flight PCCS to operate at 10 mN has
not yet been established. However, the following
data are available:

(a) mass of the original MSDS laboratory bread-
board PCCS, including control circuits, boxes,
etc: 17.4 kg.

(b) mass of the 'elegant breadboard' PCCS,
rack-mounted: 10 kg.

(c) estimates of flight version using:

(i) cordwood technology: 5.5 kg;

(ii) thick-film hybrid technology: 3.9 kg;
(d) current MSS estimate of 25 mN PCCS mass,

using advanced technology and assuming an overall
efficiency of 88%: 5.8 kg.

Based on this information, the current conservative
estimate of the system mass is 8 kg, with no
redundancy. Other parameters are given in Table 3,
where it is assumed that one face of the PCCS can
radiate freely to dark space during operation, and
that baffles are provided to shield the radiator
surface from direct sunlight.
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Fig. 9: Schematic of the 10 mN PCCS.

The basic concept of this PCCS is to use a number of
separate dc-dc converter modules operating in a
pulse-width modulated mode at 18 kHz. Three modules
are connected in series to provide the beam
accelerating voltage, and phase staggering is
employed to ensure that the total power demand is
reasonably constant in time. The overall efficiency
achieved is about 877.

As it is uncertain that autonomous operation will
be acceptable for SAT-2, it is proposed to supply
the PCCS in a form which will also allow ground
control to be utilised. However, this will, of
necessity, complicate the interface with the space-
craft's TT and C system, since a number of separate
commands will be required, rather than just 'on'
and 'off’'.
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Table 3 Characteristics of the 10 mN PCCS

Dimensions (cm) 25x36x17.5
Mass (kg) 8

Input power (excluding PSMS) (W) 316
Power to thruster (W) 275
Electrical efficiency (%) 87
Assumed input bus voltage 50
Radiator temperature (deg C) 10
Radiator area (m“) 0.13
Radiator emissivity/absorbtivity 0.88/0.14
Thermal transfer to spacecraft (W) 12

Conducted electrical noise (0 to 300 MHz)
(V, peak-peak)

<l




The value of the heat transfer to the spacecraft has
been deduced from the extensive analysis'V carried
out in the earlier phase of the programme; it
assumes deliberate decoupling of the ion propulsion
system from the spacecraft. The electrical noise
figures refer to experimental results also obtained
at that time.

It should be noted that the radiator temperature
varies according to the efficiency of the PCCS.
this falls to 857, the temperature rises to 22°C.
Conversely, an improvement of 27 reduces the tem—
perature to -3°C. Heaters will be required to bring
the PCCS up to a safe switch-on temperature after a
long off-period. A power of 35 to 40 W may be
necessary, but there will be no other demands from
the system at that time.

1€

5.4 Data processing and control unit

This is being developed by RAE specifically for

test flights where extensive diagnostic instrumenta-
tion is provided® to monitor interactions between
the thrusters, the ion beam, the spacecraft and the
space environment. The function of the device is to
provide all the data and command interfaces between
the UK-10 system and the spacecraft. It also
acquires all the data being monitored, carries out
appropriate processing, and then stores the data
until commanded to dump to a ground station via the
spacecraft's telemetry system.

It is proposed to fly this system, which is based on
the 8086 microprocessor, on SAT-2 to allow autono=-
mous operation of the ion propulsion system should
this be acceptable, but also to provide a bypass
command link to permit direct control from the
ground. It would process and record data continu-
ously while the thrusters were operating, but would
dump the data only upon command (following a mal-
function, for example). At least 100 kbytes of

data can be stored. The dump rate to the telemetry
. system and the number of channels to be employed can
be adjusted as necessary. Tentative characteristics
are listed in Table 4, assuming low data rate
instrumentation only.

Table 4 Characteristics of the DPCU

Recording channels per thruster

(a) thruster 4

(b) PCCS 20

(c) PSMS/tank 10
Recording rate per channel

(a) Start-up (5 min duration) 1 per s

(b) Steady-state operation | per min

Interface - simple serial two-way interface, or a
link into the ESA on~board data handling network.

- typical inputs might be:
clock signal
read/write command, etc.
Dimensions (cm) 10:%7117.5, %'25
Mass (kg) 1
Power consumption (W) -

6 PROPOSED EP SYSTEM FOR SAT-2

Assuming that it is possible to provide accommoda-
tion on the north and/or south faces of the SAT-2
spacecraft, a configuration can be established which
will satisfy all of the possible arrangements
identified in Fig 3. The only variable will be the
angles at which the thruster is mounted to the
north-south and east-west/radial directions.

A possible configuration which minimises volume is
shown in Fig 10; this is based on a concept by
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MSS Ltd. As drawn, the thrust vector is angled
only with respect to the north-south axis, but it
can readily be changed in the perpendicular direc--*
tion to permit the installation shown in Fig 3d to
be achieved. The box containing the PCCS (10 mN
version) also ac¢commodates the DPCU, and it is
assumed that the top surface of this box radiates
all the waste heat to space. The heat shield as
shown protects the body of the spacecraft from
radiation from the thruster, in particular from the
discharge chamber. If necessary, the complete pack-
age can be recessed into the face of the spacecraft.

Connections between the illustrated system and the
spacecraft will be limited to mounting bolts, a
single propellant feed line, a single power cable,
and telemetry and command interface wiring. It is
envisaged that a central propellant tank will feed
two such systems; it is not shown in Fig 10. The
latch valves, fill and drain valve and tank pressure
transducer (Fig 8) will be mounted close to the
tank.

6.1 System mass

It is assumed that the spacecraft will carry two
thrusters supplied from a single propellant tank.

The overall dry mass is estimated to be 35 kg. It
is broken down further in Table 5 below.
Table 5 Breakdown of system mass
% Unit loctal
Number
required i
(kg)  (kg)
T5 ion thruster 2 b1 22
RAE PCCS 2 8 16
RAE DPCU 2 1 &
Tank | 4 4
PSMS 2 2.8 5.6
Pipework, latch valves, etc 1 set 1.2 1.2
Cables I set 1 1
Mounting structure 2 s 3
Total dry mass 35.0
Propellant 10
Total system mass 45.0

6.2 Power consumption

The required power demand is summarised in Table 6.
The totals during operation would appear to be
within the capabilities of the SAT-2 spacecraft.

Table 6 Breakdown of power requirements

Steady state power
demand (W)

Single Two

thruster thrusters

Input to PCCS (877 efficiency) 316 632
DPCU 5 10
PSMS 12 21
333 663

Item

Totals

NOTES: (a) See Table 2 for intermittent requirements
of the PS

the MS.

(b) The PCCS heaters (prior to start-up only)

will require about 70-80 W (2x35to40W).
(c) The start-up sequence takes about 5 min;
during this time, the power consumption
of each PCCS increases to about 80 W.
The full 316 W is needed only when the
beam supply is turned on.

6.3 Reliability and lifetime

During the earlier phase of the programme, consider-
able attention was paid to reliability, both in
terms of random failures and as regards wear-out
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mechanismslo During these studies, random failure
rates for the T5 thruster and PCCS were assessed to
be 12 and 35 per 10° operational hours, respectively.
The value for the thruster was deduced using the
method formulated by Molitor'z, and there is no
reason at present to doubt its validity. However,
the change to xenon has eliminated three vaporisers
and three heaters, improving the thruster value to

7 per 106 hours. The value for the PCCS was

derived from a parts count, assuming standard com-
‘ponent reliability data to be applicable. The
change to xenon and the elimination of the neutral-
iser bias requirement reduces it to 30 per 10° hours,
and the simplifications introduced through the use
of modern components will yield a further improve-
ment. However, a full analysis of the complete
system will be necessary, including the PSMS, to
establish the actual value appropriate for the

SAT-2 mission.

As regards wear-out mechanisms, these are mainly
accel grid erosion, degradation of the cathode
emission mechanism, and deterioration of the iso-
lation characteristics of ceramic insulators and
isolators. All have been tested extensively during
the earlier phase of the programme, with the result
that few doubts remain concerning the durability

of the thruster. This life-test history is summar-
ised in Table 7 and a comprehensive analysis of the
significance of this work in the context of using
xenon propellant is given in Ref 13.
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Despite this evidence, it is recognised that
further work must be done to confirm that the
thruster will provide the desired lifetime when
employing xenon. Consequently, the following
series of tests is planned:

(a) Cyclic life-test of a complete T5 thruster,
with PCCS, DPCU and PSMS, at 10 mN thrust.

(b) Cyclic life-test of a complete TS5 thruster,
with PCCS and PSMS at 25 mN thrust.

(¢) Cyclic life-test of a cathode and neutral-
iser in a complete thruster (with no extracted
beam) under 10 mN thrust conditions.

(d) Cyeclic life-test of four cathodes and
four neutralisers, as (c) above, but under
25 mN thrust conditionms.

Apart from life-testing the thrusters and compo-
nents, and measuring any degradation of performance,
these tests will be used to provide data on the
quantity and angular distribution of material
sputtered from the accel grid of the thruster and

to investigate conducted and radiated electro-
magnetic interference. Long-term stability and
controllability will also be monitored, plus any
changes in the shape of the ion beam.

These tests will, in addition, provide a good eval-
uation of the long-term reliability of the PSMS.



Table 7 Thruster and component life-test experience
(Hg propellant)

Number of
Component components

T4A thruster 1000 hours 2
Cathodes 4600-5300 hours 4

2500-3000 hours -

900-2000 hours 15

830-1400 discharge

cycles* 4
Neutralisers 500-5000 hours 7

900 discharge cycles* 1

2900 cycles,

8800 hours* 1
Cathode heater 15000 thermal cycles I

4000-7000 thermal cycles 2

2000 rapid thermal

cycles 3
Isolators 1000-2600 hours 8
Vaporisers 1000-13000 hours 38
Integrated
assembly 2000 thermal cycles 1

6800 hours 1

*Three hour discharge followed by 40 minutes off
period.

There will also be an opportunity to check at
intervals the operation of the 'cold-start' facil-
ity provided by the PSMS.

7 THRUSTER-SPACECRAFT INTERACTIONS

This topic is very complex, since it also involves
the interactions between the spacecraft-ion thruster
combination and the ambient space plasma. It was

to have been a major experimental area to be
addressed in the design and ogeracion of the tech-
nology demonstrator satellite® mentioned in

section 2. However, the situation is much simpli-
fied when an inert gas is used as propellant; it
eliminates the problems associated with the conden-
sation of mercury on cold surfaces and of the chemi-
cal attack of mercury on many materials. The main
concerns are now the deposition of sputtered
material on sensitive spacecraft surfaces, particu-
larly the solar arrays, and, to a lesser extent, any
effects due to other species of particles. Other
areas where information is needed include thermal
interactions and electromagnetic interference. All
these factors have been considered in some depth
during both the earlier and current phases of the
programme. They are summarised below.

7.1 Deposition of sputtered material

For spacecraft configurations such as shown in

Fig 3, material sputtered from the accel grids of
the thrusters will be deposited very slowly on the
solar arrays and, via multiple collisions and ref-
lections, on other spacecraft surfaces. The rate of
arrival of this material (molybdenum) was measured
during life-tests with mercury propellant”, and it
has been concluded from that work that no signifi-
cant problem exists for solar arrays further away
from the thrusters than about | m and operating
times of many thousands of hours. With xenon, an
improvement is expected!3, although this remains to
be confirmed by experiment.

Using the data from the mercury tests, the likely
deposit thicknesses after 5000 h of operation are
shown in Fig 11 for the configuration depicted in
Fig 4. The values given are maxima,. since they do
not take into account the rotation of the solar
array, and they suggest that no difficulty should be
experienced from this source. For the values of
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Fig. 11: Molybdenum deposit thickness (worst case

conditions) on the solar array shown in
Fig 4, after 5000 hours of operation.

thickness shown, light transmission through the
deposited film is virtually complete.

It has been suggested that the exit plane of the
thruster should be surrounded by a shield to ensure
that there is no direct line-of-sight between the
grids and any part of the solar array. Although
this could be done, the shield might have to be
large, as indicated in Fig 4, and it might itself
be subjected to sputtering, causing additional
problems. In view of the data presented in Fig 11,
such a shield is not recommended.

It is perhaps worth pointing out here that the
sputtering is kept at a constant low level through-
out the life of the thruster by maintaining the
propellant utilisation efficiency at a very high
level and by also ensuring efficient neutraliser
operation. These advantages are only possible over
thousands of hours because the thruster is equipped
with three independent control loops.

In view of the concern over the deposition of
sputtered material, it is recommended that SAT-2
be provided with simple diagnostic instrumentation
to measure any resulting effects. Possibilities,
which require little power or mass, are calibrated
solar cells and quartz crystal microbalances;
suggested locations are indicated in Fig 4.

7.2 High energy ions and other particles

The measured beam divergence half-angle of 9.s°
(Fig 2) ensures that there will be no direct ion
impingement on the solar array in those configura-
tions shown in Fig 3. However, it is recommended
that all spacecraft surfaces are kept out of a
cone of half-angle 20° surrounding the thrust axis,
as in Fig 4.

As already mentioned, the very low flux of neutral
atoms can cause no damage to the spacecraft. The
other particles of interest, low energy ions formed
by charge-exchange processes, are also unlikely to
be of concern. Their flux is very low, as is their
energy °, so low energy sputtering, very close to
the threshold for this process, will be the only
effect. An attempt is to be made to quantify the
effect, although sputtering data at such low ener-
gies are subject to large errors.

It should be mentioned again that the thruster
neutralisers can, if necessary, be operated



independently to permit control of spacecraft charg-
ing phenomena''. This may be worth investigation
during the SAT-2 mission.

7.3 Electromagnetic interference

Measurements of interference, both conducted and
radiated, were made during the earlier phase of the
programme. They suggested that no significant prob-
lems should result from this cause. However, it
must be recognised that the change to xenon and the
associated PCCS alterations may have altered the
situation, so further work is necessary. However,
present indications are, as reported in section 2,
that the T4A thruster itself operates more quietly
with xenon than with mercury.

7.4 Thermal requirements and interfaces

Previous vorklo suggests that the thermal coupling
between each thruster system and the spacecraft can
be kept below 12 W; however, this must be checked
using up-to-date configurations and data. It is
intended that the PCCS/DPCU will radiate all waste
heat direct to space, and that the thruster will do
likewise. To allow this, the PCCS/DPCU must be able
to view deep space and the thruster must be surroun-
ded by a reflecting baffle (Fig 10). Heaters will
be necessary to bring the PCCS/DPCU to operating
temperature prior to turn on.

There are no significant temperature limits on the
thruster. The electronics units will be qualified
(by test) between -10 and +70°C when not operating
and between 0 and +60°C when operating. The propel-
lant tank's maximum operating temperature is 40°C.

9 CONCLUSIONS

From the studies carried out to date in support of

a number of flight test proposals, it can be con-
cluded that an experimental UK-10 ion propulsion
system can be produced well within the timescale
required by the SAT-2 mission schedule. Although
the system will have a considerable impact on SAT-2,
in that it requires significant mass and power allo-
cations, it will be beneficial to the mission, since
it will enable the total duration to be very much
increased, perhaps doubled. It can be confidently
predicted from the information already available
that the system will be benign, provided that a
suitable mounting configuration is selected and

that the thrusting strategy is correctly chosen.

The opportunity to fly this experimental system is
particularly important to the development and
future application of electric propulsion. Flight
tests are necessary to convince potential users of
the viability of this form of propulsion, and it is
likely that the systems developed in Europe and
elsewhere can proceed to full commercial exploita-
tion only by these means.
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